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Abstract

Improving our understanding of the upper atmosphere is becoming increasingly important as spacecraft operating in low Earth orbit
(LEO) proliferate. The use of multiple spacecraft working together to perform multipoint in situ aeronomy presents an opportunity
to make significant contributions to this understanding. Distributed architectures introduce challenges for guidance, navigation,
and control (GNC). This work presents a unified GNC methodology for swarms performing multipoint in situ aeronomy that is
simple, autonomous, flexible, and scalable. Existing approaches are often designed for a specific, binary formation and so lack
flexibility and scalability. Others lack autonomy, relying on operators to plan and execute maneuvers. The proposed methodology
overcomes these limitations through a navigation module that simultaneously estimates absolute and relative orbits alongside drag
parameters in an unscented Kalman filter based on GNSS position, velocity, and time solutions exchanged via inter-satellite link,
and a control module that uses these state estimates to autonomously acquire, maintain, and reconfigure diverse relative orbits using
a hybrid propulsive/differential-drag control scheme. The ability of the proposed methodology to meet the needs of SWARM-EX,
and upcoming multipoint in situ aeronomy mission using a swarm of three CubeSats, is demonstrated in high-fidelity numerical
simulation. Results presented for the performance of the GNC methodology in several challenging scenarios indicate that the
methodology is able to meet the needs of SWARM-EX, and demonstrate its broad applicability to spacecraft swarms in LEO.
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1. Introduction

Recent proposals for orbital data centers [1] and the reinvigoration of older concepts like space-based solar power [2, 3] have
highlighted the ascendance of distributed space systems (DSS) as an enabler for the accomplishment of objectives that would
be infeasible for a single spacecraft. Defined as any group of spacecraft that cooperate to accomplish shared goals, DSS are
often categorized as swarms, formations, or constellations based on the separation between spacecraft and their control accuracy
requirements [4]. The growing popularity of these distributed architectures can be attributed to the success of early missions,
including GRACE [5] and TanDEM-X [6], as well as more recent demonstrations, such as GRACE-FO [7], Starling [8], and
PROBA-3 [9].

In the near term, missions comprising multiple spacecraft seek to advance the state of the art in a variety of fields, including
aeronomy [10], heliophysics [11, 12] and astronomy [13, 14]. Advancing aeronomy, the science of the upper atmosphere, is par-
ticularly urgent considering the proliferation of spacecraft operating in low Earth orbit (LEO). While the use of DSS provides the
opportunity to have a significant impact in this field, distributed architectures also introduce challenges, especially for guidance,
navigation, and control (GNC).

This work proposes a unified GNC methodology that is able to meet the needs of future aecronomy missions employing spacecraft
swarms, considered herein as a subset of DSS whose constituent spacecraft operate with sufficient proximity to necessitate the
estimation and control of their relative motion, but which have relaxed control accuracy requirements compared to formations. To
elucidate the contributions of this work, it is necessary to briefly introduce the current state of the art for both DSS and in situ
aeronomy.

1.1. Distributed space systems

The TanDEM-X and TerraSAR-X spacecraft provided an early demonstration of the potential for DSS to provide novel capabili-
ties by acting as a synthetic aperture radar [15]. Through the TanDEM-X Autonomous Formation Flying system, they also performed
autonomous relative orbit estimation and control based on the exchange of PVT solutions and the performance of propulsive ma-
neuvers [6]. Similarly, the Spaceborne Autonomous Formation-Flying Experiment of the PRISMA mission performed relative orbit
control using propulsion, and was able to achieve greater relative navigation and control accuracy by leveraging carrier-phase dif-
ferential GNSS techniques [16]. Extending these capabilities to CubeSats, the twin CanX-4/5 spacecraft demonstrated comparable
relative navigation accuracy to PRISMA, while also utilizing propulsive relative orbit control [17].

Although it is less common than propulsion, drag-based relative orbit control is gaining popularity due to its potential to sig-
nificantly reduce propellant consumption. The CubeSats comprising the Planet Labs constellation used differential-drag control to
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manage their phasing within a shared orbit plane, with attitude maneuvers commanded by operators on the ground [18]. Differential-
drag control of the University of New South Wales Canberra’s M2 CubeSats was also commanded from the ground, but conducted
at inter-spacecraft separations as low as 1 [km] [19].

1.2. In situ aeronomy

The term “aeronomy” was first proposed in 1946 by Sydney Chapman in a letter to the editors of Nature [20] and was later
clarified as referring to “the science of the upper region of the atmosphere, where dissociation and ionization are important” [21].
In situ aeronomy, the study of this region using instruments that are located within it, was pioneered using sounding rockets like
the WAC Corporal and repurposed V-2 ballistic missiles [22]. Although they continue to find regular use, the efficacy of sounding
rockets for aeronomy research is limited by the short duration of their flights [23].

The launch of the first artificial satellites created new opportunities for in situ aeronomy, beginning with the discovery of the
Van Allen radiation belt by Explorer 1 and Explorer 3 [24]. More recently, data collected by the CHAMP, GRACE, and GRACE-
FO missions has been used extensively in aeronomy research [25, 26, 27]. While GRACE and GRACE-FO each employed a pair
of spacecraft, their contributions to aeronomy derive from accelerometer data obtained by the individual spacecraft [28, 29]. The
PICASSO mission demonstrated the ability of a low-cost CubeSat to collect valuable data in the ionosphere-thermosphere (I-T)
region [30]. The utility of data collected by any individual spacecraft is limited, however, by the inability to determine whether
changes in the environment detected by onboard sensors are due to the passage of time or the movement of the spacecraft along its
orbit, known as the spatial-temporal ambiguity.

Multipoint aeronomy overcomes this ambiguity by taking simultaneous measurements at multiple physical locations and repre-
sents the next frontier in aeronomy research. Such is the value of resolving the spatial-temporal ambiguity that recent studies have
leveraged the serendipitous proximity of spacecraft with similar sensors, but which are not a part of the same mission. For example,
data collected during a two-week period in which the ICON spacecraft and one of the six COSMIC-2 spacecraft remained within
a few hundred kilometers of one another has been used to study equatorial plasma bubbles [31]. Multipoint aecronomy has been
conducted more deliberately by several missions, as well, including Cluster II [32], the Magnetospheric Multiscale Mission [33],
and COSMIC-1 [34].

The eventual employment of small, cooperative spacecraft in aeronomy has long been predicted [35], and the recent LLITED
mission has demonstrated the feasibility of using CubeSats for multipoint aeronomy through its investigation of the midnight density
maximum, a feature of the nightside I-T region [36]. The upcoming Space Weather Atmospheric Reconfigurable Multiscale Exper-
iment (SWARM-EX) seeks to continue this momentum through the use of three CubeSats to investigate the equatorial ionization
anomaly (EIA) and the equatorial thermosphere anomaly (ETA), two features of the equatorial I-T region [37].

1.3. Contributions

To meet the needs of spacecraft swarms performing multipoint in situ aeronomy, a GNC methodology must be (1) simple, not
requiring the use of specialized hardware and suitable for the constraints of CubeSats, (2) autonomous, able to plan and execute
maneuvers with minimal involvement of operators, (3) flexible, performant across a wide range of inter-spacecraft separations and
able to acquire, maintain, and reconfigure diverse relative orbit configurations, and (4) scalable to a large number of spacecraft while
maintaining safety within the swarm.

Existing approaches most commonly suffer from a lack of autonomy, requiring operators to command maneuvers, a procedure
that becomes increasingly burdensome as the number of spacecraft in a swarm grows. For those missions that have demonstrated
significant autonomy, strictly binary formations are used and no consideration is given to scalability. Finally, the reliance of existing
approaches on either propulsion or differential drag for relative orbit control imposes a serious risk in the former case, considering
the uncertain reliability of CubeSat propulsion systems [38], and, in the latter case, introduces significant constraints on both the
relative orbit configurations that can be realized and the timeliness of reconfiguration.

To overcome the limitations in the current state of the art, this work presents a novel GNC methodology that is responsive to
these needs. The proposed methodology includes a navigation module that provides accurate, real-time estimates of absolute and
relative orbits alongside atmospheric drag parameters in an unscented Kalman filter (UKF) based on the exchange of GNSS position,
velocity, and time (PVT) solutions between partner spacecraft via inter-satellite link (ISL). This navigation system leverages the
spacecraft themselves as a distributed aeronomy sensor, a capability that enables hybrid relative orbit control using propulsion
and differential drag. The control module is able to robustly acquire, maintain, and reconfigure relative orbit reconfigurations,
requiring only that operators specify the nominal relative orbit and manner of control. Finally, the proposed methodology is scalable
to arbitrarily-sized swarms. This work is presented in the context of multipoint in situ aeronomy as a way of grounding it in the
challenges facing swarms in the immediate future. However, the demands of this particular use are representative of the requirements
of swarms, generally, and so the proposed methodology is suitable for broad application.

Following this introduction, in Section 2, the relevant background information is presented, including the orbit parameterizations
and reference frames used, along with an introduction to hybrid relative orbit control. In Section 3, the proposed methodology is
presented in detail, including its hardware and software interfaces and the design of the navigation and control modules. Next,
in Section 4 the methodology is validated in high-fidelity numerical simulation across several scenarios that are representative of
the SWARM-EX mission, an upcoming multipoint in situ acronomy mission. Relevant details of SWARM-EX are also presented,
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including the mission’s objectives and the design of its three CubeSats. Finally, in Section 5, the conclusions of this work are
provided, along with a discussion of potential future areas of investigation.

2. Background

In this section, the reference frames and orbit parameterizations used in this work are defined. Next, a brief discussion of atmo-
spheric drag, with an emphasis on its effects on relative orbits, is provided. Lastly, the basic concepts of hybrid propulsive/differential-
drag relative orbit control are introduced.

2.1. Reference frames

Three Cartesian reference frames are used in this work: two Earth-centered frames and one spacecraft-centered frame. These
are shown together in Fig. 1. The Earth-centered inertial (ECI) frame comprises the { direction, in the equatorial plane and pointing
towards the vernal equinox, the k direction, pointing towards the North Pole, and the [ direction, also in the equatorial plane and
completing the right-handed triad. The Earth-centered, Earth-fixed (ECEF) frame consists of the % direction, pointing towards the
prime meridian in the equatorial plane, the Z direction, pointing towards the North Pole, and J, also in the equatorial plane and
completing the right-handed triad.

Figure 1: Cartesian reference frames. The direction of the vernal equinox is shown with the 7" symbol. A red line is used to mark the prime meridian. The equatorial
plane is indicated using a square composed of thin dashed lines. The radial direction and the orbital velocity direction are shown as a blue dash-dotted line and green
dotted line, respectively.

The spacecraft-centered reference frame used in this work is the RTN frame, sometimes referred to as the local-vertical, local-
horizontal frame. The origin of this frame moves with a spacecraft through its orbit, and comprises the 7 direction, aligned with
the spacecraft’s position vector, the 7 direction, pointing out of the orbital plane towards the spacecraft’s angular momentum vector,
and the 7 direction, which completes the right-handed triad. For a non-circular orbit, the RTN frame is not aligned with the orbital
velocity vector.

2.2. Orbit parameterizations h i
Tht:n first paramFterization of absolute orbits used is in terms of Cartesian position and velocity vectors, I = r; r; r; and

Viikg = vi Vv; Vi, where the subscript indicates the reference frame that the vector is ﬁxpressed in. Additiorllally, two sets of

absolute orbital elements are used. The first is the set of Keplerian orbital elements, = a e i Q ! M where the mean
anomaly, M, has been substituted for the true anomaly, . The second is the set of quasi-nonsingular (QNS) orbital elements, which
are defined in terms of the Keplerian orbital elements as
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By using the eccentricity vector, € = e, e, , and the mean argument of latitude, u,, the QNS orbital elements are able to describe
inclined, near-circular orbits for which the argument of periapsis, !, is not well-defined.



n Similarly tq absolute orbjts, relative orbjts are parameterized using both Cartesian relative position and velocity vectors, [, =
r, 1, rp,and Vo, = v, v, v, ,and relative orbital elements (ROE). The ROE are defined in terms of the QNS orbital
elements for a chief spacecraft, denoted with the subscript ¢, and a deputy, denoted with the subscript d, as
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where a is the relative semi-major axis, and  is the relative mean longitude. The relative eccentricity and relative inclination
vectors, €and i, can also be defined in polar form as
R " # "# "
o= o= 0 = o o0
e, sin( ) Iy sin( )
where the phase angles, and , are the relative perigee and relative ascending node, respectively. The use of ROE provides several
advantages, including a simple, geometric interpretation of spacecraft relative motion, and the analytical inclusion of perturbations
and maneuvers [39]. As shown in Fig. 2, where it is convenient to interpret ROE in units of distance, they are scaled by the the
chief’s semi-major axis, with the subscript ¢ omitted in the scaled variables. For near-circular orbits, the ROE describe the section
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Figure 2: Geometric interpretation of ROE. The chief spacecraft is shown as a white circle located at the axes origin and the deputy is shown as a red circle. The
locations along the orbit of in-plane (RT) and out-of-plane (N) extrema are defined by and , respectively. (Reproduced with permission from [40]).

of an elliptical cylinder in the RTN frame [41]. The amplitudes of in-plane (RT) and out-of-plane (N) oscillation are defined by e
and i, respectively. Radial (R) and along-track (T) offsets are defined by « and , respectively.

Throughout this work, bold variables represent vectors or matrices and non-bold variables represent scalars. For example,
Fyyz = Kry. K, where the k k operator indicates the L? norm. Additionally, both osculating and mean orbital elements appear in this
work, indicated with the () and (') operators, respectively. Osculating orbital elements refer to the set that may be obtained directly
from the instantaneous inertial position and velocity vectors, I';j;x and V; ;. Mean orbital elements are orbit-averaged, with short- and
long-period variations due to Earth’s oblateness, J,, removed.

2.3. Atmospheric drag
The general expression for the acceleration experienced by an object moving through a fluid due to drag is given by

1CpAp 5 Vyu
— v
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Pp = (3)
where, in the context of spacecraft, v,; is the spacecraft’s velocity vector relative to the atmosphere, Cj, is its coefficient of drag, Ap
is its cross-sectional area in the plane perpendicular to V,;, m is its mass, and is the atmospheric density. The parameters Cp, Ap,
and m are typically combined as the ballistic coefficient, B = CpAp=m. The augmented ballistic coefficient, , definedas =B ,is
also used in this work.



Beginning from Gauss’ variational equations (GVE), applying the acceleration from Eq. 3, and neglecting the small relative
velocity components aligned with the 7 and 7 directions results in the following expressions for the change in orbital elements due
to drag.
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Here the subscript D indicates that the perturbing effect of drag is considered and v,,;., denotes the component of the vector v,,;
aligned with the 7 direction. This derivation also assumes that the orbit is near-circular, such that &> 0 and the f direction is
approximately aligned with the orbital velocity direction.

To evaluate the secular effects of drag, each of these expressions is integrated over the orbital period while assuming is constant,
which yields
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where the (') operator indicates that only the secular effect of the perturbation is considered. These expression demonstrate that, as
expected, drag acts to reduce the semi-major axis of an orbit and to circularize it.
To analyze the effects of drag on relative orbits, the time derivative of each expression in Eq. 2 is taken. For a, this gives
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Substituting Eq. 4 into this expression for both the chief and deputy spacecraft results in
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which can be further simplified by assuming that the relative semi-major axis between spacecraft is much smaller than the absolute
semi-major axis of either spacecraft,a @  a, which is a common approximation in the context of stable spacecraft swarms. Finally,
the expression for the change in relative semi-major axis due to drag is obtained as
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where , the relative augmented ballistic coefficient, is defined as = 4 o

Expressions for the change in the relative eccentricity and inclination vectors can be derived by repeating this process, yielding
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Similarly to Eqgs. 9-11, integrating Eqs. 12—-15 over the orbital period and assuming  is constant yields expressions for the



secular changes in ROE due to drag as
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Performing this analysis for , however, does not reveal the impact of drag on that variable, which manifests due to a difference
in the mean motion of the two spacecraft resulting from the change in a. Considering this, the secular change in  due to drag can

be approximated as
di ) 3a*?
i 5 2 At (20)
where At is the time duration that a constant, non-zero  has been maintained [42].

The drag experienced by spacecraft is highly variable over short periods due to, for example, changes in attitude or passing
through the diurnal bulge, and over long periods due to solar activity. These changes are typically periodic, and so it is useful to
define effective, or averaged, drag parameters. Two dominant frequency modes appear in the local, or instantaneous, atmospheric
density encountered by a spacecraft along a moderately-inclined orbit, with periods of one orbit and one day. Similarly, Ap can be
expected to exhibit periodic behavior as it follows an attitude trajectory to, for example, keep its solar cells pointed towards the Sun.

As in [40], the effective augmented ballistic coefficient, , is computed through two simple moving averages, with periods of one
orbit and one day, performed sequentially over . Because the simple moving average operation is a convolution, the order in which
these are performed is inconsequential. A comparison of and ~ is shown in Fig. 3 for a simple scenario in which a spacecraft
changes its attitude to increase Ap.
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Figure 3: Effective augmented ballistic coefficient. Thin black and thick red lines are used to show and , respectively. Local atmospheric density values are
obtained using the NRLMSISE-00 model for a moderately-inclined orbit. The parameters Cp and m are held constant throughout, while Ap increases from 0:05
[m?] to 0:09 [m?] after 12 [hr].

Following the attitude maneuver, experiences an instantaneous change due to the change in Ap, while ~ trends gradually
towards a new steady-state value based on Ap, the averaged cross-sectional area. Longer-period effects, perhaps due to orbital
precession or changes in solar activity, are not readily apparent at the timescale used in Fig. 3, but are visible as a slight negative
slope in

2.4. Hybrid relative orbit control

The control of a spacecraft’s orbit using drag is effectuated through the modulation of the cross-sectional area, Ap, that it presents
into V,,; direction. This is achievable through attitude control, allowing a spacecraft to change Ap and, therefore, , within bounds
set by its physical dimensions. This is shown in Fig. 4.

As mentioned in Section 1, drag has been used to control the phasing of spacecraft in a constellation, and has also been proposed
as a means of aiding collision avoidance [43]. While the use of drag for control is gaining popularity because it conserves propellant,
its usefulness for absolute orbit control is limited, both by the nature of the physical effect described in Eqs. 4-8, and by the
minuscule accelerations that it generates.



Figure 4: SWARM-EX CubeSats shown in minimum- (left), intermediate- (center), and maximum-drag (right) attitude modes. The RTN frame is also shown
superimposed over each CubeSat to demonstrate the relationship between orbit and attitude. For missions whose scientific instruments are nominally pointed in the
direction of flight, as is the case for SWARM-EX, it is practical to place those instruments such that this occurs in the minimum-drag attitude mode, in order to
increase mission lifetime.

By inspection, Eqs. 17 and 18 permit only a monotonic decrease in €, which has limited utility. However, Eqs. 13 and
14 contain both secular and periodic terms, and the integration that is performed to arrive at Eqs. 17 and 18 makes the implicit
assumption that the other variables are constant over the orbit period. If instead  varies during an orbit, additional opportunities
for control of e are available. By alternating between low- and high-drag modes such that the sign of  changes each half orbit,
one component of e may be changed while the other is constant, on average. The specific phasing of the changes in drag mode
determines which component of e is impacted. Fig. 5 provides a demonstration of this technique.
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Figure 5: Relative eccentricity vector control using drag. Changes in , ey, and ey are shown during two reconfigurations. In the first, shown with red lines,

a deputy increases ey to a target value, ey, while keeping e, constant, on average. The second reconfiguration, shown with blue dash-dotted lines, a deputy
increases e, to a target value, e,;;, while keeping e, constant, on average. Note that the difference in effect between the two reconfigurations is achieved solely
through the phasing of changes in  along the orbit.

While differential-drag control has the advantage of consuming no propellant, reconfigurations performed in this way are limited
in the speed that they can be accomplished. This is due to the weak sensitivity of relative orbits to differential drag, which is
bounded above by the difference between the maximum and minimum values of Ap for a pair of spacecraft. This limitation is
partially mitigated considering that the magnitudes of practically useful changes in ROE are often small. However, greater control
over the timeliness of reconfigurations is desirable, and so a hybrid control approach which combines propulsion and differential
drag has been devised [44]. An example of how this hybrid control technique may be used to adjust the along-track separation
between spacecraft in a timely manner is shown in Fig. 6.
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Figure 6: Changesin , a,and  during along-track reconfiguration. In order to complete the desired reconfiguration from o to 2 no later than u, each

deputy performs an initial propulsive maneuver at up. This brings their relative semi-major axes to  ayp, thereby “kick-starting” the reconfiguration. Concurrently,
the leading (red) deputy transitions into the maximum-drag mode, while the lagging (blue, dash-dotted) deputy transitions into the minimum-drag mode. The
chief, located between the two deputies, maintains an intermediate-drag mode throughout the reconfiguration. When approximately half of the desired change
in  is achieved, at u;, each deputy changes their attitude mode such that the sign of  is flipped, causing a to trend back toward zero. Once the desired
along-track separation, 2, is reached at up, each deputy performs another propulsive maneuver, bringing « back to zero and completing the reconfiguration.
If no propulsive maneuvers are performed, the reconfiguration instead follows the path shown with transparent lines, requiring more time to complete but without
propellant expenditure.

In addition to providing operators with more control over the timeliness of reconfigurations, taking a hybrid control approach
offers some robustness to incapability of the propulsion system of one or more spacecraft. While differential drag provides a means
of controlling a, ,and e, which define relative motion in the plane of the orbit, Eq. 15 shows that control of i, which defines
relative motion out of the plane of the orbit, must be achieved through alternative means. Conveniently, a swarm utilizing hybrid
control is able to achieve out-of-plane control using propulsion.

3. Proposed Methodology

In this section, the proposed GNC methodology is presented, beginning with an overview of the swarm architecture. Next,
the navigation module is discussed in detail, including the dynamics and measurement models used in the navigation filter, input
measurement handling, and initialization. The section concludes by defining the autonomous maneuver planning logic of the control
module, dictated by a modular finite state machine that ensures Lyapunov-stable, passively-safe propulsive/differential-drag control.

3.1. Swarm architecture

In keeping with the overarching goal of simplicity, this methodology is intended for use by swarms of identical spacecraft, with
each fulfilling a designated role as either the chief or a deputy. Because spacecraft are identically capable, the methodology is
agnostic to which spacecraft acts as the chief. The chief does not perform propulsive maneuvers under nominal conditions, and,
consequently, the spacecraft which occupies this role may change over the course of a mission to, for example, achieve fuel balancing
across the swarm or in response to the degradation of the propulsion system of an individual spacecraft.

Just as the spacecraft themselves are expected to be identically capable, the implementation in flight software of the proposed
GNC methodology is the same for each spacecraft, with differences in behavior occurring due to role assignment and received
guidance. Deputies control their relative orbit with respect to the chief and do not need to communicate with each other. In Fig. 7,
the swarm architecture is presented as a directed graph, where the spacecraft are nodes and interactions between them are edges.

The realization of safe relative orbits between deputies is achieved passively, through the assignment of pairs of deputies to
symmetrical relative orbits. This process is eased considerably by the parameterization of relative orbits as ROE. In a simple
example, two deputies are arranged such that one is ahead of a chief and the other behind it along their shared orbit trajectory. In this
configuration, the deputies’ ROE with respect to the chief are zero excepting . While either deputy maintains its mean along-track
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Figure 7: Simple swarm architecture as directed graph. The chief spacecraft acts as a beacon, broadcasting its own measurements to the swarm. Each deputy has
access to its own and the chief’s measurements, and performs control with respect to the chief. There is no requirement for the deputies to interact with each other.

separation as , safety is ensured with respect to the other deputy without requiring that either deputy be aware of the other.
Applying this same symmetry to € and i together with the method of e-/i-vector separation enables safety for dense, N-spacecraft
swarms [45, 46].

While the method of e-/i-vector separation has considerable flight heritage, additional safety measures may be desirable for
some applications. In this work, these additional measures are enabled through the exchange of measurements and maneuver plans
among all spacecraft in the swarm. The resulting complete digraph is shown in Fig. 8 and allows each spacecraft to estimate its
own absolute state, as well as its relative state with respect to every partner. This allows any spacecraft to perform safety checks
and, potentially, take action to avoid collisions. The details of how this additional safety layer is implemented in the proposed
methodology are provided in Section 3.3.

chief spacecraft

I:] deputy spacecraft
-

measurement edge

<-=- control edge

———————————p

maneuver plan edge

(L

Figure 8: Swarm architecture as complete digraph. All spacecraft, regardless of role, have access to their own measurements and those of all other spacecraft.
Deputies perform control with respect to the chief, and exchange maneuver plans with each other. This allows additional safety measures to be taken at the cost of
greater complexity.

The benefits that are realized through the increased connectivity shown in Fig. 8 come at the cost of greater complexity. For the
swarm as a whole, the number of edges, or connections between spacecraft, grows quadratically with the number of spacecraft. For
each individual spacecraft, a considerable computational cost is incurred, as the complexity of the UKF algorithm is O(L?), where
L is the dimension of the state vector. Consideration must be given to the specific safety requirements of a mission, the number
of spacecraft in the swarm, and the computational resources of those spacecraft when choosing the degree of connectivity within
the swarm. In the subsequent presentation of the proposed methodology, the architecture shown in Fig. 8 is used because it can be
considered as as a superset of the simplified architecture shown in Fig. 7.

Not shown in Figs. 7 and 8 are the connections between spacecraft and operators on the ground. In both cases, all spacecraft
are assumed to be capable of sending information to and receiving information from the ground. This communication enables
various functions that are essential for ordinary operations. For multipoint in situ aeronomy, it also allows the continued exchange of
measurements between spacecraft that are beyond ISL range. In this situation, which can be anticipated for spacecraft investigating
large features of the upper atmosphere, measurements can instead be transmitted to partner spacecraft via the ground. While it
causes a lag between the time that navigation filter measurement updates are performed and the true time, this is able to be handled
straightforwardly thanks to PVT measurements being inherently time-tagged, and enables spacecraft to continue to control their
relative orbits while in large-scale relative orbit configurations.

3.2. Navigation module

The navigation module estimates absolute and relative orbits and drag parameters in a UKF. Here, the details of the navigation
module are presented, including specifics of the UKF implementation, state parameterization and dynamics, the measurements used,
and the initialization process. To emphasize that the proposed methodology is scalable and agnostic to which spacecraft is the chief,
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subsequent equations and figures are formulated using the subscripts O, 1, ..., N to indicate swarm members. As needed, the terms
“local” and “remote” are used to distinguish between a specific spacecraft under consideration, and others in the swarm, respectively.
This terminology is independent of the roles of chief and deputy.

3.2.1. Unscented Kalman filter

Features of the upper atmosphere are large, sometimes spanning tens of degrees of latitude, and so swarms seeking to charac-
terize these features must be similarly distributed. However, the cross-calibration of instruments for multipoint in situ aeronomy
necessitates that those instruments, carried by multiple spacecraft, be as close to each other as possible [47]. Because the navigation
module must be performant across this wide range of inter-spacecraft separations, a UKF is used instead of the more common ex-
tended Kalman filter (EKF). The UKF is better able to handle nonlinearities that come to dominate at large separations than an EKF,
which requires linearization of the system dynamics.

For its navigation filter, the proposed methodology follows the UKF algorithm presented in [48] but uses the simpler method
of computing sigma point weights which was included in the original introduction of the unscented transformation in [49]. These
weights are computed as

1
W= s
L+ 2(L+ )

Wo = ey
where is a hyperparameter. The same set of weights is used by the unscented transformation to recover the mean and covariance
from 2L+1 sigma points. A value of 2 isused for throughout this work. A more detailed discussion of this choice of hyperparameter
and sigma point weights is available in [40].

3.2.2. State parameterization

The choice of state variables to be estimated is driven by the requirements of controlling swarms. Individual spacecraft must be
aware of their own absolute orbit and the drag they experience to enable collision avoidance with resident space objects. They also
need accurate information about their relative orbits with respect to partner spacecraft, and the relative drag that they experience, in
order to ensure safety within the swarm and to enable the realization of specified relative orbit configurations.

This work focuses on near-circular orbits, and so QNS orbital elements are an appropriate choice for the absolute orbit parame-
terization. Some advantages of parameterizing relative orbits in terms of ROE were discussed previously, and, accordingly, these are
used in the navigation filter state. The absolute and relative augmented ballistic coefficients are chosen as the drag parameters to be
estimated alongside the absolute and relative orbits. These parameters are chosen because they are able to be estimated accurately
without specialized hardware and they are useful for orbit prediction and control. These parameters and their utility are discussed at
length in [40].

Mean, as opposed to osculating, quantities are estimated because they are more practical for control. Performing maneuver
planning and execution based on osculating orbital elements can result in unnecessary fuel expenditure to counteract the effect of
perturbations that are periodic in the orbit [50]. For differential-drag control, maneuvers can last for days or weeks. This makes
the effective drag parameters, and , more practical for use in maneuver planning than their instantaneous counterparts, and

. Based on these design choices, each spacecraft estimates its own absolute orbit, parameterized as mean QNS orbital elements,
and its own effective augmented ballistic coefficient concurrently with the relative orbit, parameterized as mean ROE, and relative
effective augmented ballistic coefficient of each member of the swarm. The state vector is then

h - |
—qgns

x="" "5 a Lo a N N (22)
where the subscript 0 indicates the local spacecraft and a ay is the vector of mean ROE for the Nth spacecraft with respect to
the local spacecraft, with each element scaled by the local spacecraft’s semi-major axis. Similarly, » is the effective relative
augmented ballistic coefficient of the Nth spacecraft with respect to the local spacecraft.

3.2.3. State transition function

The state transition function, f, used in the time update step of the navigation filter outputs the predicted state at time #; based on
the state at time fy and the set of maneuvers, ,, performed by all members of the swarm between times #o and t; as X, = f X5 4 »
where the () operator indicates a predicted quantity.

For the absolute orbit, the state transition function relies on an analytical dynamics model that includes Keplerian motion and
the secular perturbations due to J, and atmospheric drag as

— 0
d qns d qns d qns
_ 23
dt 0” * dt 7,+ dt p (23
41 -
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where the mean motion, n = =a3, the secular effects of J,, from [51], are given by

0
(5cos?(i)) 1)+ (3cos?(i) 1)
d s ey(5cos’(i) 1)
dt 3 B e (5¢co82() 1)
0
2 cos(i)

(24)

the parameters and are defined as

3 LR 122

4 g2 4
and the secular effects of drag are obtained by applying Eqs. 9 and 10 to the definition of "¢ in Eq. 1, yielding
ay Vrel Vrel;t

0
d ms CxVrel Vel
dt B ey Vrel Vet

v

0

0

(25)

In order to predict relative orbits, the state transition function uses the absolute dynamics model from Eq. 23 to predict the
absolute orbital elements for a remote spacecraft, and then computes its ROE from Eq. 2. This method avoids the limitations of
relative orbital dynamics models, which are often linearized about zero inter-spacecraft separation and, consequently, introduce large
errors as that separation grows.

To acgount for propulsjve maneuvers in absolute orbit prediction, they are modeled as impulsive and defined in the RTN frame as
AV, = Av,  Av, Av, , where Av, is the velocity increment in the 7 direction and is the time that the maneuver is performed.
The resulting change in ~ %" for an individual maneuver can be computed as

AT = (T AV (26)
where the control input matrix, , is defined as
0 =, 0
Z:un O sin(u,w)cot(i):un
(—qnx) _ sin(uM):”n ZCOS(uM):nn 0 (27)
cos (”M):an 2sin (“M):an 0
0 0 cos ()=,
0 O sin (uy ):un sin (i)

Similarly to the orbital dynamics model, the incorporation of propulsive maneuvers into relative orbit prediction is based on
the model provided for absolute orbits. After obtaining the absolute QNS OE of the remote spacecraft, the expected effect of a
propulsive maneuver is computed using Eq. 26.

The dynamics of the absolute and relative effective augmented ballistic coefficients are modeled as constant, such that d =dr =
d =dt = 0. The details of this “atmosphere-model-free” drag estimation methodology are presented in [40]. For spacecraft
which use hybrid propulsive/differential-drag control, consideration must be given to the effect of changes in attitude mode on
these drag parameters. Though it is possible to accurately model Ap based on the physical design of the spacecraft and its estimated
attitude as determined by the onboard attitude determination and control system (ADCS), the direct incorporation of this information
into the navigation filter through the state variables and  adds significant complexity. A change in attitude mode results in
both an instantaneous change in A and initiates a more gradual change in Ap. However, Ap is not constant for a given attitude
mode, depending a variety of factors including the orientation of a spacecraft’s orbit with respect to the sun and the duty cycles of
instruments.

Instead of contending with these challenges, no efforts are made by the proposed methodology to incorporate attitude knowledge
into predictions of and . This passive approach is simple and allows the drag parameters to be steered gradually, but reliably,
towards their true values through their dynamic relationship with absolute and relative orbits.

Using the dynamics model defined in Eq. 23 and the propulsive maneuver model defined in Eq. 26, the predicted absolute orbit
is computed as

xqns —qns d_:IU’” x —qgns
f = o + 7Al+ ( B )Avrm; k (28)

k=1
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where At is the elapsed time between fy and #; and there were m propulsive maneuvers performed during this interval. This operation
requires that intermediate values of =% be obtained at each time t» Where fo < t;. Because the interval between successive
measurement updates of the navigation filter can be expected to be short, this is achieved using a Keplerian orbit propagation such
that all components of iq:m are preserved from _Z"S except for uys, which is computed as uy: , = upsq, +nA , where A is the elapsed
time between #y and .

As before, predicted relative orbits are computed using Eq. 28 following conversion to QNS OE from ROE. A diagram of this

process is shown in Fig. 9.

—qns —
@, ¢, 1 l aday g,

rel2abs()

ains
1,to

B1,t, —>| predict() fe— 71,14

~qns
g,

&, —| abs2relQ

aday ¢,

Figure 9: Relative orbit prediction. The subscripts 0 and 1 are used to indicate the local and remote spacecraft, respectively. The functions rel2abs() and
abs2rel () use the definition of the ROE from Eq. 2 to convert between absolute and relative orbits. The absolute orbital dynamics model from Eq. 23 is used
together with the set of maneuvers performed by the remote spacecraft, ., in the predict() function to predict the absolute orbit of the remote spacecraft.

Because the execution of propulsive maneuvers and changes in attitude mode introduces errors into the state estimation process, it
is important to accommodate these errors in the navigation filter. In the proposed methodology, this is accomplished by incorporating
additive process noise covariance matrices that are constructed based on the expected effect that a maneuver will have on the absolute
and relative orbits. For a propulsive maneuver performed by the local spacecraft, the additive process noise matrix corresponding to
the absolute orbit is computed as

QY. = diag ATT" AT (29)
where is a scalar, the diag() function creates a diagonal matrix whose entries are the elements of the input vector, and the
operator indicates the Hadamard product.

To obtain the analogous process noise covariance matrix for the relative orbit, the expected change in ROE of a remote spacecraft
due to a propulsive maneuver, Aa a , must first be computed. This is accomplished by (1) computing A~%"* for the spacecraft
performing the maneuver using Eq. 26, (2) computing the ROE of the remote spacecraft both with and without incorporating Aa a
into the QNS OE of the maneuvering spacecraft, and (3) differencing these ROE sets. The process noise covariance matrix is then
computed as

szz diag Aa  Aa (30)

where is a scalar. Depending upon which spacecraft performs a maneuver, some of the constituent matrices of Q¥ will be zeros.
For example, the local spacecraft performing a maneuver will result in changes to both absolute and relative orbits, whereas a remote
spacecraft performing a maneuver will impact only its relative orbit with respect to the local spacecraft.

Although information about changes in attitude mode are not directly incorporated into the predicted values of —and |, it is
prudent to account for them in an additive process noise covariance matrix, Q*. In the proposed methodology, this process begins by
performing a check on the diagonal entries of the state covariance matrix, , correspondingto and . For each drag parameter, if
the entry in  is below a threshold value, the corresponding diagonal entry in QZ is set equal to the difference between the threshold
value and the entry in . In an example for , this algorithm is summarized as

if -< theng- = - else g- = 0 end if
where - is the diagonal entry in  corresponding to , ¢- is the equivalent entry in Q, and s the threshold value for .

The matrices Q¥ and Q? are then summed with the ordinary process noise covariance matrix that considers only the uncertainty
in state variable prediction, Q . The matrix Q implicitly assumes a constant time interval between measurement updates. To
accommodate variable measurement update intervals, a simple approach is used in which Q is scaled by the ratio of the actual
measurement update interval, Az, and the nominal interval, Ar . The complete process noise covariance matrix is then assembled as

A
Q=Q o +Q+Q" G31)

This formulation assumes that the uncertainty in state variables grows linearly in time, which is a coarse approximation. More
sophisticated methods for handling process noise have been proposed, including estimating it online [52]. However, these methods
achieve improved performance at the cost of greatly increased complexity, and so they are not used in the proposed methodology.
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3.2.4. Measurement function
The measurement vector, z, is the set of time-aligned position and velocity vectors for each swarm member, assembled from
PVT solutions obtained locally and received from remote spacecraft via ISL.
h i
Z= Tyz0 Vazo Tozt Vozt 00 Ty Vogwn (32)

This measurement vector is time-aligned according to the time that the constituent position and velocity vectors are output by
the GNSS receiver of a spacecraft, which is distinct from both the time that it are received by other swarm members and the time that
it is processed by the navigation filter. Unless otherwise stated, references to time in the context of the navigation filter always refer
to the time that a measurement is generated. Processing the complete, time-aligned set is preferred because it achieves the greatest
estimation accuracy, as explored in [40]. However, practical concerns limit how long a spacecraft may wait before performing a
measurement update of its navigation filter, including the desire to have state estimates that are as fresh as possible to use in maneuver
planning. To balance these needs, a measurement queuing and dequeuing process is implemented. Its behavior is governed by two
directives: (1) to always process a complete, time-aligned measurement set, and any stored measurements that precede it, as soon
as one is available, and (2) to wait a specified amount of time before performing a measurement update using an incomplete set. An
example of this is shown in Fig. 10.

Spacecraft
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Spacecraft  to ty
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Figure 10: Measurement queuing and dequeuing. The availability of measurements, or lack thereof, is indicated with a green check mark or red X, respectively.
Transparent symbols indicate that a measurement set has been used to perform a measurement update. Initially, measurements are available for spacecraft O and 1 at
to. Measurements for all spacecraft are then received at #1, and so a partial measurement update is performed for 7y, and a full measurement update performed for
t1. This ensures that the information contained in the available measurements at #( is not discarded. Upon receipt of a measurement for 4, no measurements have
arrived for spacecraft 3 since the previous measurement update, at #;. Because #4 1 is greater than the maximum allowable wait time, partial measurement updates
are performed for 7, and #3 and any late-arriving measurements for spacecraft 3 corresponding to #, or #3 will be discarded.

The measurement function, g, outputs a modeled measurement at time ¢ for an input state vector as 7, = g(X,). This function
consists of several steps, which are shown in Fig. 11. The conversion between ECI and ECEF frames depends on Earth orientation
parameters (EOP). These are maintained by the International Earth Rotation and Reference Systems Service (IERS), both as a “final”
product that is available ex post facto in Bulletin B, and as predictions, available a maximum of one year in advance, in Bulletin A

[54].

3.2.5. Initialization

The initialization of ~%*S and a  follows the steps shown in Fig. 12 using the first received set of measurements. For the local
spacecraft’s absolute orbit, the final conversion from absolute to relative orbits is omitted.

There is no direct measurement available for or , and so their initialization must follow a different process. With some
knowledge of recent solar activity levels and the physical dimensions of the spacecraft, information about these parameters might
be obtained using a model of the upper atmosphere such as Harris-Priester [55]. However, this approach adds complexity and is
unlikely to provide significant benefits to the initialization process. Instead, the uncertainty in or s treated as a diffuse prior
distribution by initializing the parameters with a value of zero and setting the corresponding diagonal terms of the initial covariance

matrix to very large numbers relative to the range of expected values that or  can take [56].
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Figure 11: Measurement function. In this diagram, the local spacecraft predicts a measurement corresponding to a remote spacecraft. Predicting a measurement
for the local spacecraft follows the same steps, excepting the leading conversion between relative and absolute orbital elements in rel2abs(). The mean2osc()
function uses an analytical mapping to convert from mean to osculating orbital elements, available in Appendix F of [53]. Next, oe2cart() converts from orbital
element to position and velocity vectors in the ECI frame. Finally, eci2ecef() converts from the ECI to the ECEF frame.
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Figure 12: Relative orbit initialization. The first received measurement for a remote spacecraft is converted from Cartesian position and velocity vectors in the ECEF
frame to mean QNS orbital elements and then combined with the local spacecraft’s absolute orbit to form the initial relative orbit estimate.

3.3. Control module

The control actions of the proposed methodology are determined by a finite state machine, whose structure remains constant and
is identical on all spacecraft. The swarm architecture described in Section 3.1 requires coordination between multiple maneuvering
spacecraft. Accordingly, each spacecraft will store the full stack of control configurations for the entire swarm, including nominal
relative states, control horizons, maneuver plan re-solve cadences, and other relevant maneuver planning parameters. This stack
is modified by ground command, such that a change in any spacecraft’s configuration requires a new control configuration stack
sent to all spacecraft. Local parameters, and state machine functionality, are determined by local identity. The maneuver planning
procedure of the control state machine is summarized in Figure 13.

The control module operates in three exclusive modes: no-control solved on-board, swarm station keeping, and deputy recon-
figuration. Five non-exclusive boolean modifiers are used to specify the goal of control within each mode. Control type modifiers
for prppulsiony and drag define the use of propulsive-only, hybrid, or differential drag-only control. Control state modifiers for the

a= a , €,and i planes allow the control of each 2D ROE plane individually.

The control state machine is made up of four states. The state machine remains NO_-CONTROL until the local autonomous
control configuration uses either propulsion or drag. INIT_CONTROL initiates maneuver planning when the current state estimate
is outside the maximum allowed deviation of the local nominal state or the local deputy is in the reconfiguration mode. PLAN_-
CONTROL computes optimal maneuver plans for propulsive and/or drag maneuvering using the current state estimate, desired
nominal state, and time horizon. IN.CONTROL_WINDOW maintains the parameters of the current reconfiguration, preventing the
control solver from generating additional unwanted solutions. The state machine transitions back to INIT_CONTROL at the local
maneuver plan re-solve cadence or when future maneuvers are no longer passively safe.

The foundation of the control module is a provably-optimal closed-form roto-translational solver that leverages reachable set
theory and an ROE state to largely decouple drag and propulsion into mutually optimal sub-problems. The optimal control problem
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NO_CONTROL
Maneuvers planned from ground

1 PROPULSION or DRAG active

' INIT_CONTROL
Prepare inputs for maneuver planning

RECONFIG active
or outside nominal state bounds

Plan not passively safe PLAN_CONTROL
Generate Lyapunov-stable maneuver plan
1 Send maneuver plan to CDH
End of time horizon
or collision risk IN_CONTROL_WINDOW

Prevent unwanted control solutions

Figure 13: Control state machine block diagram.

considered by the closed-form solver is given as

X
minimize:  jjAV,: ji2 (33)
=1
Z +1
subjectto: A, 4 = 2B AV, + 7B oAV?.m;D; od
=1
where £y and 7 are the beginning and end time of the control time horizon, A, ,, = ,JO 2 to> J2 is the state transition
matrix (STM) that includes corrections for J2 for mean ROE in near-circular orbit, given as
L= ROy ) (34
1 0 0 0 0 0
D7) 1 0 0 D2() 0
80 0 cos(¥.Ar) sin( ¥ .Af) 0 0% .
“H 0 0 sin(Y.Ar)  cos(Y.Ar) 0 0%’
0 0 0 0 1 0
T J
oi() 0 0 0 () 1

with the following simplifying substitutions
At=t; V.= (5cos’(i,) 1)
o2(y= T 3cos’(,) 1)A
21( )= (Enc + D) 1+ )Bcos (i) NAf
DR( )= (4+3 Jsin(i)At,
7. . o
D2() = 3 sin(2i)At, D2( ) =2 ¢ sin’(i,)At,

and control input matrix B maps RTN Av control actions to changes in osculating and approximately mean QNS ROE for near-
circular orbit, given as

0 2 0
2 0 0
1 sinu, 2cosu, 0 %
B =B( 0= arn.f§ cosu. 2sinu. 0 ¥ (35
0 0 COS U,
0 0 sin u,

B decouples in-plane (IP) control (radial and tangential maneuvers with a, , and e states) from out-of-plane (OOP) control
(normal maneuvers with i states) as a product of linearization. It is worth noting here the similarities between this control matrix
and that in Eq. 27, and the minor differences are caused by considering the effects of maneuvers on a relative state, rather than the
absolute state used in the navigation module. The use of ROE in the control module enables the analytical derivation of optimal
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Figure 14: Optimal differential drag attitude general profile shapes for the ~ (top), « (middle), and e dominance cases.

maneuver times and directions, from which the closed-form solver is built, and the inclusion of the J2 perturbation in the STM for
increased dynamic accuracy over long time horizons. Propulsive maneuvers Av,,, are approximated as impulsive or instantaneous,
as burn time is short with respect to orbital period. Differential drag is posed as non-impulsive RTN control force as
0 h 1,22 It
AVrm;l) =Ppa Ppc= 0 ahcdc 0 ; (36)
assuming v, = na approximates spacecraft tangential velocity relative to the atmosphere in near-circular orbit and AV, p remains
constant over each time step [ ; +1] to enable an analytical expression in the dynamic constraint of Eq. 33. Drag is an approximately
zero-cost, magnitude-constrained maneuver (j | max), such that its optimal policy is bang-bang. Applying reachable set theory
to Eq. 33 enables the identification of a finite number of optimality or dominance cases, named for the dimension that drives
minimum cost, and corresponding analytical expressions for optimal cost, maneuver times, and maneuver directions. Optimal hybrid
control can be completely described by 3 IP dominance cases: a, ,and e. The optimal drag maneuver times corresponding to
each dominance case are displayed in Figure 14. The a dominant drag maneuver spans the length of the control window in the
direction of A a,, ,,. The  dominant maneuvers span the first and second half of the control window in opposite directions. The
e dominant maneuvers act maximally in the direction of A e, ,, occurring 90 from the phase of A €, 4, at times given by the
set
Tdrag; e= Ae =2 A Uco t ki =(n. 1) 37)

where A, =tan (A ey, ,=A exy; 1) and k; is any integer such that Tyy,g; . 2 [to; t7]. For propulsion, all optimal OOP maneuvers
are in the Normal direction and occur at times given by the set

Top i=(aitm  Veot+k =(M.+ 1)) (38)

where , ; depends on the direction of A i,f 1 as described in [57], M, = . .3cos?(i;) 1), and m is an integer such that
Aetm > V.te+uc,. All optimal IP maneuvers are in the Tangential direction. Optimal maneuver times shared by the a and e
dominance cases are described by the set

Topt; e = ( Aetm !c uc;to + ki ):Mu (39)

while optimal maneuver times for the ~ dominance case occur only at fy and #.

Reachable set theory allows propulsive-only, hybrid, and drag-only control to all be solved with the same set of algorithms in
the same sequential order (drag, 1 propulsion, @/ € propulsion), with the resulting maneuver effects removed from A, ,, after
each step. This procedure is presented in [57], with the key steps are summarized here . First, the 3 sets of optimal drag maneuvers
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Figure 15: Visualization of general approach to balance the optimal differential drag attitude profiles for the , a,and e dominance cases, resulting in the optimal

minimization of Av,,;,: rp.

are used to minimize the IP propulsive cost. The minimum cost associated with each IP dominance case is given as

1
AVmin; a= EncacA atf 2‘0; (4’0)
Avmin; (mA y b A atf tO); (41)
A ay,
1 . ..
Avmin; e = EncJJacA etf lo”Z; (4’2)

where A q,, defines the effect achieved by a unitary tangential impulse at ty, m = 2:(D£21 (to), and vy, denotes a propulsive Av
minimum [58]. The IP minimum cost is then given as

AVmin; P = maX(Avmin; ar AVmin; ; Avmin; e): (43)

The analytical effects of the optimal drag profile on each corresponding dominance case candidate’s Av,,;, are given as

1
ANV i o = zagnf A (44)
DEmAA 2 A AP 2A
AAvyiy, = acn, A ; (45)
a,o
2.2
AAVmin; e = Zelle A ; (46)

where AAv,,;, denotes the change in the Av minimum due to the optimal drag maneuver, ﬁ)ézl = d)?l(tg):At is the time invariant
component of (I);z1 (o), and A are the start time and length of the dominance case candidate drag profile, and the periodic effects
in A vy . are approximated as linear. These three sets of optimal maneuvers are combined to minimize the IP propulsive cost in a
procedure illustrated in Figure 15 and described in [44]. Second, the IP coupling effect on the OOP state is removed a-priori given

the known resulting A, , from the yet-unsolved IP maneuvers, given as

DL (t)
D (19)

Adyy 1= A dyy, 1 for 47

fo

Third, the effect A of each OOP optimal maneuver time 2 T ; is found as
A = "B Ay, (48)

where AvV,,,; is an optimal propulsive maneuver of magnitude Av,,;,. All optimal OOP maneuver plans, consisting of 1 or 2
maneuvers, are searched to find the combination with lowest cost. Linear systems of equations are solved as

h i h . [

Ade ATy = Ay gy Ay g (49)

where € 2 R™ ! is a column vector of magnitude coefficients for m maneuvers and AY) 2 R™ ! concatenates values for each OOP
ROE from from Eq. 48. Multiplying each coefficient in € by Avn;, provides the corresponding maneuver magnitudes. Fourth, if
AVpin:1p = AV, a2 dominant maneuver is added at ¢y, of magnitude c( solved as

Avmin; (A ty to COA to) = Avmin; IP(A tr 1o COA 0) (50)
such that Av,in-1p = AVipin: 4 OF AV p = AVyin: o, Where Avy,;, (A ) is the Avy,;, for each dominance case as an analytical function
of A . If Avyin;1p = AV, o after applying the maneuver atfp,a  dominant maneuver is added at 77 of magnitude ¢y solved as

AVmin; (A tr o CfA z,) = AVmin; p(A tr 1o CfA f) (51)
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Figure 16: Symmetric maneuver splitting strategy used in PLAN_CONTROL to translate ideal maneuvers into thrust commands compatible with propulsion. Here, an
arbitrary impulsive tangential maneuver is split into maneuvers of magnitude Avpgop at time interval Azprop of combined magnitude equal to the original impulsive
maneuver.

such that Avy,;,:;p = Avpy: ., where A t is the effect achieved by a unitary positive tangential maneuver at ¢;. Fifth, the effect
A of each IP optimal maneuver time 2 Ty, ; is found using Eq. 48. All optimal IP maneuver plans, consisting of 3 maneuvers,
are searched to find the combination with lowest cost, using Eq. 49 the same as the OOP maneuvers. This approach enables the
creation of viable sub-optimal maneuver plans, when optimal maneuvering is not possible within the closed-form framework.

In summary, the ideal propulsive solutions produced by the closed-form solver consist of 3-5 tangential impulses for a/ e
control and 1-2 normal impulses for i control. However, these instantaneous maneuvers must be split into a realizable thrust curve
by a cold gas propulsion system, which executes maneuvers of constant magnitude by completely filling and exhausting the thruster
plenum. PLAN_CONTROL converts each impulsive maneuver to a series of maneuvers of equivalent total magnitude arranged
symmetrically about the original maneuver time, a process illustrated in Figure 16. The ideal differential drag solutions produced
by the closed-form solver consist of a timeseries of ~ commands to control differential attitude. PLAN_CONTROL converts each
drag maneuver to an attitude command, to rotate the deputy spacecraft to its minimum, maximum, or intermediate cross-sectional
area. The proposed methodology uses a “swarming” setup for autonomous differential drag, meaning that the chief will change its
nominal attitude from a minimum cross-sectional area constraint to an intermediate cross-sectional area constraint. This allows any
number of deputies to independently plan and execute differential drag maneuvers with respect to the chief without inter-satellite
communication. To prevent unintentional differential drag between non-maneuvering deputies and the chief, all spacecraft will set
their nominal attitude as intermediate when any spacecraft has the drag control modifier active.

Satellite swarm missions will often use long control windows to maximize the cost benefits of differential drag. These long
periods of maneuvering also exaggerate the effect of navigation uncertainty and maneuver errors on the final state at the end of
the control window, especially errors in atmospheric density and ~ estimation. The state machine will reject all sources of control
error through a simple Lyapunov-stable re-planning approach regulated within IN.CONTROL_WINDOW. After producing an initial
solution, the controller will periodically re-solve the remaining maneuver plan at a ground commanded interval. Each re-solve
removes all future maneuvers from the maneuver plan and uses the current state estimate to produce a new maneuver plan for the
remaining control window. For propulsion-only or drag-only control, the control module simply re-solves the maneuver plan of
the active control type. However for hybrid control, only the drag maneuver plan is re-solved and the propulsive maneuver plan
is remains unchanged. This approach preserves the cost savings of hybrid control, preventing the on-board control solver from
accomplishing error rejection through an increase in propulsive cost.

Examining individual control solutions, the closed-form solver has been proven to be asymptotically Lyapunov stable under
ideal maneuvering, and this derivation has enabled bounds to be placed on the total error of a maneuver plan that maintains this
stability. For hybrid control, final state convergence is ensured if the overall cuamulative error of each ideal maneuver never exceed
2x the effect of the actual maneuver. Therefore, hybrid and drag-only control will bound the input to the closed-form solver, on the
lower end to prevent negative values during times of high navigation uncertainty and on the high end to stay within the convergence
bound. The estimate is derived from the ~ estimate using on-board ground set values for Cp and m and the current value of Ap
from ADCS, such that all ~ estimation uncertainty is contained within . The estimate input to the closed-form solver is bounded
between 5x and 0.1x the Harris-Priester density model, used here as a computationally efficient guess of the current that is within
an order of magnitude of the true value.

The state machine must also ensure that the maneuver plan will not risk collision between spacecraft over smaller separations and
time horizons. Guarantees on maneuver plan error can be established through covariance error ellipsoid performance bounds, fitting
an n-dimensional bounding box to an n-dimensional error ellipsoid. Each major error source has a corresponding covariance matrix
V, established either by ground or the outputs of navigation, that can be applied to the relevant quantities and propagated over a
ground-commanded passive safety horizon. This ensures that no maneuver will result in an unsafe state, in case future maneuvers
fail to execute. The computation of on-board error bounds is restricted to linear sources, namely propulsive magnitude, atmospheric
density, and relative state estimation, as nonlinear sources are negligible over shorter time intervals and would require numerical
methods that are too intensive to run on-board small satellites. Collision safety is posed as a set of dimensional constraints that
form a keep out ellipsoid (KOE) around each spacecraft and can be guaranteed by checking that each error bound will not enter
the KOE of any swarm spacecraft. This 3D RTN relative motion problem can be broken down into a set of sufficient conditions:
minimum tangential distance, minimum radial distance, and minimum RN plane distance using e-/i-vector separation. The control
module ensures passive safety by checking the maneuver plan error bounds against the current state estimate and KOE of all other
swarm spacecraft. When the control solver fails to produce a safe maneuver plan, the input time horizon or desired final state are
slightly modified to encourage a different maneuver plan. Repeated passive safety failures causes the state machine to set the local
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mode to station keeping and the nominal desired  state as the current estimate, retaining the desired local passive safety strategy
(tangential vs. e-/i-vector separation). This approach is sufficient for aeronomy science missions like SWARM-EX, where nominal
separations will be no less than 10 [km]. Swarm reconfigurations at close separations may require an informed choice of nominal
state waypoints by the operator to ensure the on-board closed-form solver will find a passively safe maneuver plan.

4. Validation

In this section, the SWARM-EX mission serves as a prototypical multipoint in situ aeronomy mission for the subsequent valida-
tion. An overview of the objectives and requirements of SWARM-EX is provided, and the design of its spacecraft is presented. Next,
the performance of the proposed methodology is demonstrated in high-fidelity numerical simulations of several scenarios which are
representative of the challenges facing SWARM-EX, specifically, and spacecraft swarms, generally, including the acquisition, main-
tenance, and reconfiguration of relative orbits. Finally, the scalability of the proposed methodology is demonstrated through an
additional scenario in which five spacecraft perform a complex reconfiguration of their relative orbits.

4.1. SWARM-EX Mission

Emerging from the National Science Foundation’s CubeSat Ideas Lab in 2019, SWARM-EX will investigate the EIA and ETA
using a swarm of three 3U CubeSats operating in low Earth orbit (LEO) [10]. Using a suite of aeronomy sensors onboard each
spacecraft, SWARM-EX will perform multipoint, in situ measurements of neutral and plasma densities at various spatial and tempo-
ral scales. These measurements have the potential to improve our understanding of the formation and evolution of the ETA, as well
as the extent of its coupling with the EIA, with implications for space weather modeling and space-based communication systems.

4.1.1. Scientific Objectives

The EIA is recognizable as two peaks in plasma density occurring at 15 magnetic latitude. The ETA has a similar, though
less pronounced, shape, with peaks in neutral density occurring at 20-30 magnetic latitude. Both features share a trough near
the magnetic equator, which is tilted at approximately 11 with respect to Earth’s geographic equator. The EIA and ETA are shown
together in Fig. 17, based on data collected by the CHAMP spacecraft.
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Figure 17: EIA and ETA. Neutral density values derived from accelerometer measurements of the CHAMP spacecraft while passing through the EIA and ETA on
28 March 2002 are shown as a red line [59]. Electron density measurements made concurrently by the planar Langmuir probe onboard CHAMP are shown as a blue
dash-dotted line [60].

While the EIA is well understood, the formation, evolution, and structure of the ETA, and the extent of its coupling with the EIA,
are not. Our current understanding is limited by the available data, collected by individual spacecraft like CHAMP flying through
the features once per orbit, and consequently suffers from spatial-temporal ambiguity. This problem is exacerbated for the EIA and
ETA because they respond to perturbations at different time scales, which are typically less than the orbital period of the observing
spacecraft [37].

To better characterize these features, SWARM-EX aims to accomplish a set of scientific objectives, defined as two primary
science questions (PSQ) and four secondary measurement demonstrations (SMD). The PSQs are outstanding questions in aeronomy
that the mission seeks to answer in order to improve our understanding of the EIA and ETA. These are shown in Table 1.

The SMDs describe a set of multipoint, in situ measurements that would contribute to an improved understanding of the I-T
region, more broadly. They provide a means of opportunistically increasing the overall scientific output of SWARM-EX, and are
provided in Table 2.
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Label Description

PSQ-1 How persistent and correlated are plasma density and
neutral oxygen in the EIA and ETA features?

Over what timescales, less than 90 minutes, can changes

PSQ-2 be observed in EIA and ETA properties due to non-

migrating tides and geomagnetic activity?

Table 1: Primary science questions of the SWARM-EX mission.

Label Description

Cross-calibrate plasma and atomic oxygen measure-
SMD-1 ments from each spacecraft by making measurements lo-
cated within 100 km of each other

Demonstrate horizontal plasma gradient density mea-

SMD-2 surements at scales 10 km

SMD-3 Estimate mass density by observing the relative motion
of two spacecraft when they are separated by < 100 km

SMD-4 Estimate density gradients at vertical scales 10 km

Table 2: Secondary measurement demonstrations of the SWARM-EX mission.

4.1.2. Guidance, Navigation, and Control Requirements

Through the process of developing and validating a requirements verification matrix, the PSQs and SMDs are used to generate
requirements for each of the mission and spacecraft subsystems. Though a discussion of this process is beyond the scope of this
work, the resulting requirements for the GNC subsystem are summarized as a set of specific relative orbit configurations, as well as
requirements for both navigation and control accuracy. For brevity, only the key GNC requirements are shown in Table 3.

Label  Requirement

Relative orbit configuration
Al ja j 100 [km],a e 10 [km]
A2 ja j 10[km],a e 10 [km]
A3 1200 [km] je j 1400 [km],a e 15 [km]
Navigation accuracy
B.1 jAa aj <10 + 0:0001ja j[m]
B.2 jAa  j<20+0:0002ja j[m]
B.3 Aa e <20+ 0:0002ja j[m]
B4 Aa i <20+ 0:0002ja j[m]
Control accuracy
C.1 Aa a <50+ 0:0005ja j[m]
C2 Aa <100+ 0:001ja j[m]
C3 Aa e <100+ 0:001ja j[m]
C4 Aa i <100+ 0:00lja j[m]

Table 3: SWARM-EX GNC requirements. Key requirements are organized into a set of relative orbit configurations that must be realized, and as a set of navigation
and control accuracy requirements to be maintained throughout the mission. Navigation accuracy requirements refer to the difference between the actual and the
estimated relative orbit during nominal operations, while control accuracy requirements refer to the allowable difference between the actual and the commanded
relative orbits immediately following a reconfiguration. The j j operator indicates the absolute value.

These requirements are defined for any pair of spacecraft within the formation. Where there is overlap among required relative
orbit configurations, only the most restrictive requirement is shown. A simple example relating the relative orbit configurations
shown in Table 3 to the higher-level mission requirements is found in the relationship between SMD-4 and requirement A.2. As
shown in Fig. 2, a periodic vertical, or radial, separation is defined by the relative eccentricity vector, with the extrema of this
separation given by the magnitude of a e. This yields the relative orbit configuration given by requirement A.2, which limits how
far the spacecraft may be separated in the along-track direction while setting a lower bound on their maximum radial separation.

The process of arriving at the navigation and control accuracy requirements shown in Table 3 is more complex, but these
requirements are necessary to ensure that safety is maintained throughout the mission and that the desired relative orbit configurations
can be realized efficiently. Each of these requirements is formulated as the sum of a constant term and a component that is scaled
by the mean along-track separation between spacecraft. This scaling ensures that requirements are more strict when spacecraft are
closer to one another and, therefore, at higher risk of collision. It also permits a relaxation of requirements when safety is assured
through larger along-track separation, reducing propellant consumption through lower maneuver frequency.

The concept of operations for SWARM-EX is presented in [37], but can be succinctly described as alternating periods of small

20



inter-spacecraft separations, during which instruments are cross-calibrated and smaller-scale features of the EIA and ETA are inves-
tigated, and large inter-spacecraft separations, during which larger-scale features are examined.

4.1.3. Spacecraft design

The three SWARM-EX spacecraft are physically identical and are called Snap, Crackle, and Pop. Each carries a scientific
payload consisting of a planar Langmuir probe (PLP) and a pair of ®-Probe Experiment (FIPEX) sensors. Langmuir probes are
used to measure ion density and have significant flight heritage, including onboard CubeSats such as the PICASSO spacecraft [61].
The FIPEX sensor is a small solid electrolyte sensor that measures atomic oxygen density, which is the dominant component of
neutral density in LEO. This sensor also has flight heritage through its use on various sounding rockets [62], as well as onboard the
International Space Station [63]. This suite of sensors is located together on a 1U face of each SWARM-EX spacecraft, as shown in
Fig. 18.

Deployable solar
panels

Figure 18: Location of scientific instruments. The PLP and FIPEX sensors are shown, with labels, on the 1U face of the spacecraft that is nominally pointed into the
direction of flight. One set of deployable solar panels, in a stowed configuration, is also shown.

In addition to the scientific payload, each SWARM-EX spacecraft includes (1) a GNSS receiver and antenna, (2) a UHF radio
and antenna, (3) an X-band radio and antenna, (4) ADCS, and (5) a cold-gas propulsion system. The placement of these major
hardware components within the spacecraft bus is shown in Fig. 19.

The GNSS receiver, an OEM719 manufactured by NovAtel, provides PVT solutions to the GNC flight software, as well as
pseudorange and carrier-phase measurements, which are downlinked as telemetry to be used in ex post facto analysis. The UHF
radio is an AstroDev Lithium-2, and its accompanying antenna is provided by ISISPACE. Together, these components provide an
ISL capability to enable the exchange of information between SWARM-EX spacecraft, in addition to handling telecommands and
some telemetry. A Bluefin X-band radio and antenna from Blue Cubed provides additional data throughput to downlink telemetry.
Attitude control is provided by Blue Canyon Technologies’ XACT-15, while the propulsion unit used was developed by the Space
Systems Design Laboratory of the Georgia Institute of Technology. The proposed GNC methodology is implemented in flight
software as the GNC system for SWARM-EX, with interactions between this software and hardware components mediated by the
command and data handling (CDH) system.

As shown in Fig. 4, the dual deployable solar panels give the spacecraft a maximum Ap of 1311.5 [cm?] and a minimum of 114.5
[cm?]. As discussed in [18], spacecraft cannot practically maintain arbitrary attitude modes due to competing attitude requirements.
For SWARM-EX, these include the needs to generate sufficient power from solar panels and to orient the scientific instruments into
the flight direction. Therefore, a minimum-drag attitude mode seeks to minimize Ap while satisfying other attitude requirements
over an attitude trajectory, rather than simply maintaining the minimum A, at all times.

4.2. Simulation setup

The Space Rendezvous Laboratory Satellite Software (S?) is used to provide ground truth orbital trajectories for the simu-
lated spacecraft [64]. S® numerically integrates the GVE as equations of motion using the fourth-order Runge-Jutta method with
Richardson extrapolation [65]. The included perturbations and their specific models are summarized in Table 4.

For all scenarios, the initial absolute orbit of the chief spacecraft is given by

h i
“s.0= 6778:137 [km] 0:001 51:6 28 45 159
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X-band
antenna

GNSS
receiver

Body-mounted
solar panels

Figure 19: Spacecraft hardware layout. The locations of major hardware components within the spacecraft structure are shown, with labels. One set of deployable
solar panels and some structural support materials are removed to reveal the internal layout of the spacecraft. Not shown is the deployable UHF antenna, which is
mounted on the 1U face opposite the scientific payload.

Perturbation Model
Non-spherical gravity GGMO5C (20  20) [66]

Cannonball spacecraft model
Atmospheric drag NRLMSISE-00 [67]

GFZ solar and geomagnetic indices [68]

Solar radiation pressure  Conical Earth shadow [65]
Third-body gravity Analytical Sun and Moon [65]

Table 4: Orbit perturbations. The solar and geomagnetic indices used are definitive values obtained from the GFZ Helmholtz Centre for Geosciences.

and the calendar date for the start of each simulation is January 1st, 2022, which corresponds to a period of moderate solar activity.
The initial state covariance and process noise covariance settings of the navigation filter are shown in Table 5.

Measurements are simulated by adding zero-mean white Gaussian noise to the ground truth position and velocity vectors with a
standard deviation of 6 [m] for position and 2 [cm/s] for velocity, applied independently to each vector component. This provides a
conservative representation of the accuracy of PVT solutions provided by a CubeSat GNSS receiver prior to the performance of any
dynamic filtering. The measurement noise covariance matrix used by the navigation filter is diagonal, with entries corresponding to
this additive noise. Measurements are provided to spacecraft every 200 [s]. The simulation ground truth uses final EOP from IERS
Bulletin B. However, to enhance simulation fidelity, the GNC flight software uses the predicted EOP from Bulletin A.

The physical parameters of the simulated spacecraft are summarized in Table 6. Key attributes of the propulsion system must
also be modeled. These include the time duration required to refill the plenum, ¢, which establishes the minimum amount of time
between successive maneuvers, and the magnitude of the velocity increment that results from exhausting the plenum, Av,,,;,.. Based
on information obtained in testing the flight propulsion units for SWARM-EX, 7y = 45 [s] and Av,,;5. = 0:005 [m/s].

The scalars and , from Egs. 29 and 30 are both set to a value of 0:1. This value was determined empirically to be able
to comfortably accommodate the largest propulsive maneuvers that the modeled propulsion system is able to perform. Overall,
the fidelity of the models used in the ground truth is significantly greater than that of the dynamics model used by the proposed
methodology, which are constrained to be simple and computationally inexpensive.

In Section 1, a set of general requirements is established for a GNC methodology that is responsive to the needs of swarms
performing multipoint in situ aeronomy and is suitable for broader application. These requirements for simplicity, autonomy,
flexibility, and scalability guided the design of the proposed methodology as presented in Section 3. To validate the methodology,
however, it is necessary to define success criteria in a way that is straightforward to measure. The ability of the proposed methodology
to complete the relative orbit acquisition, maintenance, and reconfiguration tasks in the subsequent scenarios while meeting the
explicit navigation and control accuracy requirements given in Table 3 serves this purpose.

4.3. Scenario 1
In this scenario, the initial relative orbits replicate the expected conditions of SWARM-EX following deployment and commis-
sioning. This is achieved by applying a random, small Av to each deputy and allowing a one day period of drift. The spacecraft are
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Parameter  Initial Value  Process noise value

a [m] 200 12
ay [rad]  4.0e-05 5.0e-06
o ] 4.0e-05 4.0¢-06
2 [-] 4.0e-05 4.0e-06
¢ [rad] 2.0e-05 2.0e-06
g [rad] 2.0e-05 4.0e-06
- [1/m] 1.0e-12 1.0e-15
—[m] 100 0.6
—[m] 141 0.8
2, [m] 100 0.6
— [m] 100 0.6
o [ml 100 0.5
= [m] 100 0.5
— [1/m]  1.0e-9 8.0e-17

Table 5: Initial filter covariance and process noise settings. All values shown are the square roots of diagonal matrix elements.

Parameter Value
Effective drag area, Ap [m?] 0:01; 0:05; 0:09
Coefficient of drag, Cp [-] 2.2

Effective SRP area, Ag [m2] 0.05
Coefficient of reflectivity, Cg [-] 1.8

Mass, m [kg] 5.0

Table 6: SWARM-EX CubeSat physical parameters. The values of Ap shown represent minimum-, intermediate-, and maximum-drag attitude modes. Changes in
attitude modes are modeled as instantaneous changes in Ap.

then commanded to acquire passively-safe relative orbits in two phases: first, by establishing e-/i-vector separation using propulsion
and, second, by increasing the mean along-track separation between spacecraft using hybrid control. Once the desired relative orbit
configuration is achieved, hybrid control is used for maintenance. The initial and target relative orbits are shown in Table 7.

Variable Target —Imtlal
Crackle  Pop

a a[m] 0.0 -11.9 4.5

a [m] 10000.0  1735.7 -656.8

a e;[m] 0.0 5.8 -34

a ey [m]  1000.0 -10.3 32

aiy[m] 0.0 -0.5 -0.1

a iy [m] 1000.0 -2.0 1.3

Table 7: Initial and target ROE for Scenario 1.

Snap is designated as the chief spacecraft in this scenario. The relative position of Crackle with respect to Snap during the first
three days of simulation is shown in Fig. 20. For Pop, the relative motion is similar, but mirrored in the along-track direction. Due
to the limited thrust capability of the propulsion system, the realization of large reconfigurations requires the spacecraft to take an
incremental approach. This is apparent in Fig. 20 from the set of concentric circles in the RN plane.

Errors in estimates of the relative orbit of Crackle with respect to Snap for the first day of simulation are shown in Fig. 21.
Estimates of ROE converge quickly and retain accuracy in the presence of propulsive maneuvers, which are evident from the small
spikes in the covariance bounds. Supplementary figures demonstrating navigation performance, including absolute orbit estimation,
and pre- and post-fit residuals, are included in Appendix A.

Absolute and relative navigation error statistics for this scenario are summarized in Table 8, and are shown alongside their
relevant requirements, demonstrating success with comfortable margins.

The transitions between propulsive and hybrid control, following the establishment of a safe, intermediate e-/i-vector separation,
and between relative orbit reconfiguration and maintenance, are shown in Fig. 22. Following the start of hybrid control, the number
and frequency of propulsive maneuvers decreases, which is desirable to conserve propellant. Differential-drag control is used to
realize most of the reconfiguration in a . However, as shown at approximately 216 [hr], a minor overshoot in a is corrected
quickly using a small number of propulsive maneuvers, demonstrating a benefit of the hybrid approach.

Control errors for this scenario are summarized in Table 9, along with the relevant requirements. As shown, both deputies are
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Figure 20: Relative motion during Scenario 1. The position of Snap is shown as a circle. In the RN plot, this circle is coincident with the square, which is used to
indicate the initial position of Crackle. Thin gray lines indicate the path taken by Crackle during the first 72 hours of simulation. Thick black lines show the relative
orbit at the end of this period, with the triangles marking the final position of Crackle.
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Figure 21: Relative orbit estimation errors during Scenario 1. Covariance bounds shown are 3- . Steady-state error statistics are included for each variable and
formatted as . Rapid increases in covariance bounds indicate the execution of propulsive maneuvers.

able to realize their target relative orbit while meeting requirements. Overall, the results presented for this scenario demonstrate that
the proposed methodology is able to comfortably meet the navigation and control accuracy requirements of SWARM-EX during the
period of initial formation acquisition following deployment. Incidentally, the relative orbit configuration also satisfies requirement
A.1 from Table 3, which defines the small separation needed between spacecraft to perform instrument cross-calibration.

4.4. Scenario 2

In this scenario, the SWARM-EX spacecraft begin in a close proximity, e-/i-vector separated relative orbit, which they maintain
using propulsion for a period of several days before reconfiguring to introduce a large along-track separation using hybrid control.
This reconfiguration is performed over 30 days and, afterwards, the formation is maintained using hybrid control. The initial and
target relative orbits are shown in Table 10.

Fig. 23 shows the evolution of @ a and @  during the reconfiguration. Similarly to the example shown in Fig. 6, the spacecraft
perform an initial set of propulsive maneuvers to “kick-start” the reconfiguration such that it will be completed within the allowed
duration. Another set of propulsive maneuvers at the end of the reconfiguration returns a a to zero, an optimal solution typical of
two-point boundary value problems. Differential drag is used over the remaining control horizon, both to increase a a and to control
a e. The latter is achieved by oscillating  as in Fig. 5.

Relative orbit estimation results for this scenario are comparable to the previous scenario and are not repeated here. A period
of several days at the beginning of the scenario is intended to allow estimates of and ~ to converge, as these parameters are used
by the control module in planning the reconfiguration. Errors in estimates of and by Crackle during this initial period and
for several days after the beginning of the reconfiguration are shown in Fig. 24. Overall, estimates of  are largely unaffected by
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Navigation errors ( )

Variable Requirement
Crackle Pop
a a[m] < 11:00 0:04 2:65 0:52  2:20
a [m] <22:00 041 674 0:11 5:28
a e[m] <22:00 0:62 3:88 0146 3:21
a i[m] <22:00 0:66 3:64 0:65 378
Frn [M] 028 6:09 0:72 598
Vi [cm/S] 0:.06 0:80 0:13 0:76

Table 8: Summary of navigation errors and requirements for Scenario 1. The desired value of a  following reconfiguration is used to scale requirements as indicated
in Table 3. To aid interpretability, relative orbit estimation errors are also provided as 3D RMS Cartesian position and velocity errors.
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Figure 22: Changes in ROE with maneuvers during Scenario 1. The execution of propulsive maneuvers is indicated using thin red lines. Thin blue lines show a
change in drag mode. Propulsion is used exclusively to establish e-/i-vector separation until approximately 192 [hr]. Hybrid control is then used to complete the
reconfiguration at approximately 222 [hr] before transitioning to relative orbit maintenance.

changes in attitude mode, whereas estimates of  experience larger errors during periods where differential-drag control is used.
Nevertheless, the navigation filter is able to reject, albeit slowly, the initial disturbance in  occurring at approximately 120 [hr]
when Snap and Crackle change from minimum-drag mode to intermediate- and maximum-drag modes, respectively. It is also able
to maintain reasonable performance after Crackle begins oscillating Ap, although the error standard deviation becomes noticeably
larger compared to the period prior to the start of reconfiguration.

The control module is again able to realize the commanded relative orbit configuration while meeting requirements, as shown
in Table 11. It is worth noting here that this accuracy is achieved not only under the uncertainties of drag parameter estimation, but
also the increased navigation errors caused by the considerable inter-spacecraft separation at the end of the reconfiguration. This
demonstrates the effectiveness of the Lyapunov-stable maneuver replanning. Furthermore, the “swarming” setup for autonomous
drag enables accurate hybrid control without the use of crosslink.

The results presented for this scenario demonstrated that the proposed methodology is able to perform a large along-track
reconfiguration in a timely manner while reducing propellant consumption overall through the use of hybrid control. Because the
control accuracy requirements are relaxed due to the large mean along-track separation between spacecraft, but this separation does

. . Control errors
Variable ~ Requirement

Crackle  Pop

a alm] <55:00 3:05 13:80
a [m] <110:00 50:02 63:44
a e[m] < 110:00 8:10 5:70

a i[m] < 110:00 2:25 3:51

Table 9: Summary of control errors and requirements for Scenario 1. Errors are computed as the difference between the ground truth and target ROE at the end of
reconfiguration. Here, and in subsequent tables, errors in a € and a i are computed as the L norm of the errors in each vector component.
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Initial

Variable  Target
Crackle  Pop
a a[m] 0.0 0.0 0.0
a [m] 1:3 10 10000.0  -10000.0
a ex[m] 0.0 0.0 0.0
a ey [m] 0.0 1000.0 1000.0
aiy[m] 0.0 0.0 0.0
a iy[m] 0.0 1000.0 1000.0

Table 10: Initial and target ROE for Scenario 2.
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Figure 23: @ aand a  during along-track reconfiguration of Scenario 2. Mean radial and along-track separations are shown for Crackle and Pop in blue and red,
respectively. The increase in “noisiness” of a a as the simulation progresses is due to the differential effects of J, on each spacecraft as their separation increases.

not cause a significant degradation in control performance, the requirements are met with substantial margins. Additionally, the
relative orbit configuration realized for this scenario corresponds to requirement A.3 from Table 3.

4.5. Scenario 3

In this scenario, a swarm of five spacecraft reconfigure their relative configuration from a “string-of-pearls” formation to a close
proximity, e-/i-vector separated orbit. The initial and target ROE for each of the four deputies are shown in Table 12.

The spacecraft take an incremental approach to this reconfiguration, which is managed through intermediate guidance in the
form of waypoints. All spacecraft begin the reconfiguration by introducing a small a using differential drag, gradually reducing
their along-track separation with respect to the chief. Once deputies 1 and 4 are less than 1 [km] away from the chief, all spacecraft
begin using hybrid control to introduce e-/i-vector separation with respect to the chief. Their e and i vectors are phased such that
the pairs of deputies 1/4 and 2/3 are on opposite sides of the same RT-plane ellipse with respect to one another. The complete digraph
swarm architecture allows each spacecraft to independently verify safety with respect to its partners throughout the reconfiguration.

Table 13 shows the final relative orbit errors following the reconfiguration, which indicate that the inclusion of additional deputies
does not cause any deterioration in control performance. Overall, the results presented for this scenario demonstrate that the proposed
methodology is scalable to larger swarms and, crucially, that this scaling does not require substantially more input from operators to
accomplish complex reconfigurations. The robustness of the GNC methodology allowed the reconfiguration to be achieved safely
with only a set of passively-safe waypoints provided as inputs.

Control errors

Variable  Requirement

Crackle  Pop
a a[m]  <700:00 6.27 6.07
a [m] < 1400:00 36.41 -100.01
a e[m] < 1400:00 28.33 14.34
a i[m] < 1400:00 17.31 15.90

Table 11: Summary of control errors and requirements for Scenario 2.
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Figure 24: ~and ~ estimation errors. Covariance bounds shown are 3- . Thin blue lines indicate a change in drag mode. A period of several days following
navigation filter initialization is meant to allow estimates to converge prior to beginning the reconfiguration.

. Deputy 114 Deputy 21 3

Variable
Initial  Target Initial  Target

a a[km] 0.0 0.0 0.0 0.0
a [km] 40:0 0.0 200 0.0
a ey [km] 0.0 0.0 0.0 0.0
a ey[km] 0.0 3:0 0.0 1:5
a iy [km] 0.0 0.0 0.0 0.0
a iy [km] 0.0 3:0 0.0 1:5

Table 12: Initial and target ROE for Scenario 3. The sign of @ ey and a i is the same for any individual spacecraft. For example, the target values for Deputy 3 are
aey=aiy= 15[km]
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Figure 25: Relative motion during Scenario 3. The position of the chief is shown as a circle. The colors red, blue, orange, and purple are associated with deputies 1,
2, 3, and 4, respectively. A blue square indicates the initial position of deputy 2 in the RT plot. The initial positions of all spacecraft are coincident with the chief in
the RN plot. Triangles indicate the final positions of all spacecraft. Thin red and blue lines show the paths taken by deputies 1 and 2. For clarity, these are not shown
for deputies 3 and 4, which are mirrored in the along-track direction. Thick dash-dotted and solid lines show the relative orbits at the end of reconfiguration for the
pairs of deputies 1/2 and 3/4, respectively.

5. Conclusion

As spacecraft operating in low Earth orbit (LEO) proliferate, the need to better understand the environment of the upper at-
mosphere is becoming more urgent. Spacecraft swarms performing multipoint in situ aeronomy provide an exciting opportunity
to make significant advances in this field through their ability to overcome the spatial-temporal ambiguity. The use of distributed
architectures introduces significant challenges, however, especially for guidance, navigation, and control (GNC). Existing GNC
methodologies for distributed space systems are typically tailored to a specific mission, which limits the range of relative orbit con-
figurations for which they are performant and their scalability. They often lack autonomy and are reliant on operators to plan and
command maneuvers.
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