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Abstract—The STarlight Acquisition and Reflection toward Inter-
ferometry (STARI) mission is a NASA-funded technology demon-
strator designed to advance key technologies for future space-based
interferometry. It consists of two 6U CubeSats flying in close for-
mation in a Sun synchronous terminator orbit, effectively simulating
one arm of a distributed interferometer. STARI will, for the first
time, successfully demonstrate the reflection and beam transfer of
starlight from one spacecraft to another, as well as its injection into
a single-mode optical fiber. The mission design, currently in Phase
A, is led by University of Michigan and the Space Rendezvous
Laboratory at Stanford University is responsible for the trajectory
design and for the development of the Guidance Navigation and
Control (GNC) system on-board. This paper presents the mission
requirements, concept of operations and swarm trajectory design for
the mission, together with a preliminary computation of the ∆V
budget. Differently from current state of the art approaches for space
interferometry, the proposed solution is based on a representation
of observation requirements in the phase-space defined by relative
orbital elements. This enables high duty cycles for astronomical
observations with very limited fuel consumption under navigation,
control and dynamic uncertainties. Moreover, the methodology
also provides a clear and elegant geometrical interpretation of the
relative orbital state as configuration parameter to define the inertial
direction of observation. The science relative orbit, which allows
for nearly uninterrupted viewing of an inertially fixed target, is
used during the observation phase and is switched with a standby
orbit during engineering tasks such as reaction wheels desaturation,
ground communication, and science replanning. Due to the lack
of radial-normal separation between the two spacecraft in their
science orbit, this transfer restores passive safety during routine
engineering tasks and contingency. The proposed mission design
leverages closed-form impulsive control schemes to achieve station
keeping and swarm reconfiguration with fuel-optimal solutions.
Finally, the choice of a Sun synchronous absolute orbit enables
scanning of different portions of the sky during the mission lifetime
without changing the relative configuration. The STARI CubeSats
require unprecedented level of navigation and control accuracy to
achieve mission objectives pushing the need for a fully autonomous
six-degrees-of-freedom Guidance Navigation and Control (GNC)
system. The success of the STARI mission will accelerate the
development of space interferometry missions paving the way for
accessible and systematic exoplanets detection by means of dis-
tributed space systems and enable novel capabilities for spacecraft
proximity operations.
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1. INTRODUCTION
The quest for biosignatures in extrasolar worlds has placed in-
creasing emphasis on detecting and characterizing Earth-like
exoplanets over the past two decades. Detection techniques of
these celestial bodies can be generally grouped in two major
categories: indirect and direct observations [1]. The former
consists in observing stellar related phenomena to detect the
presence of an orbiting planet and infer characteristics on
both its physical properties, such as mass and orbital state,
and on its atmospheric composition. The most common
techniques of indirect exoplanets observations involve the
measurement of the stellar radial velocity via Doppler shift
[2] and the detection of transit or eclipses from light curves
profiles [3] or spectroscopic observations [4]. As illustrated
in Figure 1 these techniques are effective in detecting either
the large and massive planets or the ones that orbit very close
to the central star, being therefore outside of the habitable
zone.

Direct observations measure, instead, either the starlight re-
flected by a planet or its emitted spectrum. This approach is
challenged by the high contrast that is necessary to resolve
the light from the planet from the light of its host star. For
an Earth-like planet orbiting around a solar-type star, the
star can in fact outshine the planet by 10 orders of magni-
tude [1]. High-contrast imagining techniques are needed in
the form of either coronography or nulling interferometry.
Coronography involves masking the light from the star with
some occultation mechanism [5]. The major issue with this
approach is due to the large Inner Working Angle (IWA): the
smallest angular separation from the central star at which the
instrument can effectively detect a fainter celestial body. The
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Figure 1. Mass/period distribution of exoplanets detected
with different observation techniques compared with inner
and outer Solar System's planets [Caltech - Science & Data

Center for Astrophysics & Planetary Sciences].

angular resolution of a telescope is fundamentally limited by
the diffraction of light imposing frustrating limit to what can
be observed. Mid-infrared observations of a star at 50 pc
at a wavelength� � 10�m , for example, would require a
IWA � 0:02 arcseconds [6]. For a diffraction-limited tele-
scope, this would require a telescope aperture larger than
100m. External occulters for high-contrast imaging, called
starshades [7], have smaller inner working angles that reduce
the requirements on the telescope size. However, there have
been no starshade missions �own to date.

In contrast, nulling interferometry consists of using destruc-
tive interference patterns to suppress the bright signals from a
star. Here, the IWA scales as the ratio between the wavelength
and the spacecraft separation, enabling imaging planets closer
to the host star without placing challenging requirements on
the telescope size. This technique has been largely used
on ground where arrays of telescopes are deployed over
large distances achieving the imaging resolution of a giant
telescope [8]. Ground based observations are however limited
by the atmospheric turbulence leading to low signal to noise
ratios. Space-based interferometry, performed deploying
swarms of Distributed Space Systems (DSS) opens up a new
chapter in this research direction allowing to achieve simulta-
neously large apertures without any atmospheric interference.
The history of space interferometry missions goes back to
the end of the 20th century and it's characterized by a long
series of design concepts that were then abandoned for either
technical of �nancial reasons[1]. In recent years, a renewed
interest in this class of missions is observed with concepts
such as LIFE [9] and SEIRIOS [10] both planned to be
launched in the next decades. Several challenges needs to be
overcome to increase the Technology Readiness Level (TRL)
level of key technological components needed to deploy
a distributed interferometer in space [11]. Among these,
precise formation design and orbit control are fundamental
elements that needs to be developed to allow for baseline
maintenance and keeping while ensuring scalable, safe and
reliable operations.

Previous missions have achieved important milestones in this
direction. The scienti�c potential of DSS has been largely
demonstrated by missions such as GRACE [12] [13] and
GRAIL [14] for Earth and Lunar gravimetry respectively,

TanDEM-X [15][16] for Synthetic Aperture Radar (SAR)
applications, and MMX [17] for magnetometry in highly
eccentric orbits. Technology demonstrators such as PRISMA
[18][19], AVANTI [20][21] and STARLING [22][23] com-
bined with advanced mission concepts like SWARM-EX [24]
and VISORS [25][26] draw the state of the art landscape
in formation design and Guidance Navigation and Control
(GNC) solutions for DSS. Relevant to this study is the
PROBA-3 mission [27] that recently successfully demon-
strated precise formation �ying capabilities to perform Solar
coronography.

In this framework the STarlight Acquisition and Re�ection
toward Interferometry (STARI) mission will play the role
of technology demonstrator simulating one arm of a space
interferometer, testing a set of key technologies and de-
risking activity for the development of future missions.

One of the key challenges in space interferometry formation
design is due to the need of maintaining a stable con�guration
of the distributed interferometer over long time horizons to
enable large dwell observation times for a given star. Previous
and current design concepts [28][29][9] consists in locating
the distributed telescope in the Sun-Earth L2 Lagrangian
point. However, cheaper and more accessible solutions have
been recently investigated with mission concepts in Earth's
orbit [30]. Space-interferometry in Low Earth Orbit (LEO)
poses unique challenges in terms of observability, due to
Earth's occlusion, Sun exclusion angle, and relative orbit
stability under J2, Drag and Solar Radiation Pressure (SRP)
perturbation effects. Past studies worked under the assump-
tion of continuous thrust capability [31][32] or aggressive
orbit control schemes [1] to maintain the relative con�gura-
tion with limited considerations on visibility and dwell time
for the observations. The design proposed by Hansen and
Ireland [30] consists in �nding, for the observation of a given
target star, the relative orbit computed such that the relative
position vector between the spacecraft is always perpendicu-
lar, under Keplerian dynamics, to the star direction. This is an
important geometric constraint for space interferometry that
will be discussed in Section 2. This approach relies on the
use of the analytical solution to the Hill-Clohessy-Wiltshire
(HCW) differential equations [33], to describe the relative
motion. The operational orbit is then obtained by setting to
zero linear combinations of the system integration constants.

This paper reformulates and extends the concept proposed
by Hansen [30] introducing a novel mission design approach
based on Relative Orbital Elements (ROE) state representa-
tion. This allows to achieve long dwell times with mini-
mum control effort under navigation control and dynamics
uncertainties. Moreover the presented methodology allows
to perform important observability considerations via state-
space analysis informing the mission design team with opti-
mal observation schedules.

The paper is structured as follows. Section 2 provides an
overview of the STARI missions' goals and orbit require-
ments, Section 3 describes the absolute and relative orbit
design, Section 4 discuss the observability analysis in ROE
space, Section 5 describe the mission baseline and provide
� V budgets, and Section 6 summarizes the achieved contri-
butions.
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2. OVERVIEW OF THE STARI MISSION

STARI mission consists of two nearly identical 6U Cube-
Sats �ying in close proximity in LEO in a locked attitude
con�guration. The 6U CubeSat STARI-1 will host a small
15 mm siderostat with precision guiding to redirect starlight
towards the STARI-2 spacecraft [6]. This architecture allows
to effectively simulate one arm of an interferometer. However
the design proposed in this paper is generalizable to a full
interferometer case. This would be achieved by generating
on STARI-2 a destructive interferometric pattern combining
starlight coming from STARI-1 and an additional STARI-3
CubeSat. A basic representation of this mission concept is
shown in Figure 2.

Figure 2. Functioning principle of STARI operations.
Starlight is represented with red lines. The blue line

represents the plane perpendicular to starlight direction.

STARI will contain a 1.5U cold gas thruster Propulsion
System (PS), similar to the one adopted for the VISORS
mission [34] to provide impulsive relative orbit control. The
PS will be mounted in a con�guration that allows to generate
omnidirectional thrust without the need of performing slew
maneuvers. This allows to perform station keeping and rela-
tive orbit con�guration maneuvers while still maintaining the
tidally locked con�guration between STARI-1 and STARI-2.

A subset of mission requirements, reported in Table 1 is
identi�ed to drive the trajectory design. The baselineB of the
telescope, i.e. the spacecraft separation, should vary between
10 and 150 m (REQ.1). As discussed in Section 1 different
baselines are associated with the telescope resolution and
IWA that can be achieved. Moreover, the observability shall
be continuous over the orbit with a high dwell cycle, larger
than 60% of the orbital period (REQ.2), to guarantee feasible
reconstruction of the interferometric pattern. The formation
is required to operate in proximity of a plane, see blue line in
Figure 2, that is perpendicular to the star direction.

In the full interferometer case, in fact, offsets with respect
to this plane would require the introduction on STARI-2 of
a delay line to compensate for the difference in the two
starlight paths. The concept of an equivalent delay line D
is introduced, de�ned as the difference in starlight path that
would be achieved if STARI-3 would be located symetrically
to STARI-1 with respect to STARI-2, see Figure 2. A
maximum equivalent delay line of0:5 m (REQ.3) is required.
At a baselineB = 150 m, this corresponds to a maximum
offset angle
 = 0 :19deg.

A Sun exclusion angle is considered (REQ.4) to avoid stray
light in the images and increase the signal to noise ratio and
the mission is designed to operate for at least six months
(REQ.5). Finally, compliance with a demise by re-entry
within 5 years (REQ.6) is enforced for space debris mitiga-
tion purposes.

ID Title Description

REQ.1 Nominal
baseline

STARI shall achieve a
nominal baseline in the

range 10 to 150 m during
starlight re�ection with a
maximum baseline not
exceeding by more than
50% its minimum value.

REQ.2 Observation
duration

STARI shall guarantee an
observation duty cycle

above 60 % of the orbital
period.

REQ.3 Equivalent
delay line

The swarm shall guarantee
an equivalent geometrical
delay line below 0.5 m.

REQ.4 Sun exclusion
angle

The observations shall be
performed with a phase

angle below 40 deg during
science.

REQ.5 Mission
duration

STARI shall be compatible
with a mission duration of

at least six months.

REQ.6 Debris
mitigation

The mission shall be
compliant with a demise by
re-entry shall be guaranteed

within 5 years.

Table 1. Subset of requirements driving the STARI mission
design.

3. ABSOLUTE AND RELATIVE ORBIT DESIGN

The state� 2 R 6 of the absolute orbit is represented using
quasi nonsingular orbital elements de�ned as
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with a the orbit semi-major axis,e the eccentricity,i the
orbit inclination,
 the right ascension of the ascending node,

3



! the argument of perigee andM the mean anomaly. For
STARI a circular (ex = ey = 0 ) Sun Synchronous (SS) orbit
at an altitude of500km (a = 6878km, i = 97:402deg) is
considered. Sun synchronicity, favors uniform illumination
conditions along the orbit making it easier to satisfy REQ.4
while the low altitude is compliant with the demise constraint
of REQ.6 [35].

The relative motion is described de�ning the state of a deputy
spacecraft with respect to a chief. Note that, since STARI-1
and STARI-2 are almost identical and with locked attitude,
the chief-deputy roles could be switched arbitrarily. However,
to be compatible with the full interferometry con�guration
illustrated in Figure 2, STARI-2 is selected as chief and
STARI-1 as deputy. Quasi nonsingular ROE are used as state
representation and de�ned as
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with �a being the relative semi-major axis,�� the relative
mean longitude and� e = [ �ex ; �ey ]T and� i = [ �i x ; �i y ]T

the relative eccentricity and inclination respectively. The sub-
scripts “c” and “d” refers to the chief and deputy component.

For geometric interpretation it is useful to visualize the
relative motion in the Radial-Tangential-Normal (RTN) [36]
frame, denoted byR and centered at the chief, as shown in
Figure 3. For near-circular chief motion,� � can be linearly
mapped [37] to the relative positionR � r = [ �r R ; �r T ; �r N ]T

in R as

R �r R

a
= �a � cosuc�ex � sinuc�ey

R �r T

a
= �� + 2 sin uc�ex � 2 cosuc�ey (3)

R �r N

a
= sin uc�i x � cosuc�i y

This provide an easy interpretation of the geometry of the rel-
ative orbit in the RTN frame as a function of ROE. As shown
in Figure 4, the motion results completely decoupled between
in-plane (RT) and out of plane (RN) with the projection on
these planes describing ellipses [37].

Consider the Earth-Centered-Inertial (ECI) equatorial refer-
ence frame, centered at the Earth's center of mass and ori-
ented like the J2000 frame. The direction of a star in ECI can
be identi�ed with its right ascension (� ) and declination (� )
as shown in Figure 3.

When rotating in the RTN frame, the same information is
represented by a time dependent azimuth� (t) and a �xed

Figure 3. Illustration of star coordinates in the inertial and
RTN reference frames.

orbit elevation� . Using the chief mean argument of latitude
uc as independent variable instead of time, the star direction
in RTN can be de�ned as

R s =

0

B
@

cos� cos (� (uc))

cos� sin (� (uc))

sin �

1

C
A =

0

B
@

cos� cos (� 0 � uc)

cos� sin (� 0 � uc)

sin �

1

C
A (4)

where� 0 is the star azimuth at the orbit ascending node. For
the remaining part of this section, the design of the relative
orbit will be addressed to target an observation direction
identi�ed by given � 0 and � angles. Note that, since the
orbit precesses due to Earth's oblateness J2 effect, at any
given time this corresponds to a different inertial direction.
As will be discussed later in Section 4, this design allows to
naturally span different portions of the sky without changing
the relative orbit con�guration. Combining Equations (3)
with Equation (4) and exploiting the trigonometric identities

cos (� 0 � uc) = cos � 0 cosuc + sin � 0 sinuc (5)
sin (� 0 � uc) = sin � 0 cosuc � cos� 0 sinuc (6)

the dot product between the relative position vectorR � r and
the star directionR s in RTN can be expressed as

R � r � R s
a

= A cos2 uc + B sin2 uc + C sinuc cosuc+

+ D cosuc + E sinuc
(7)

with

A = � �ex cos� cos� 0 � 2�ey cos� sin � 0

B = � 2�ex cos� cos� 0 � �ey cos� sin � 0

C = �ex cos� sin � 0 + �ey cos� cos� 0 (8)
D = �a cos� cos� 0 + �� cos� sin � 0 � �i y sin �
E = �a cos� sin � 0 � �� cos� cos� 0 + �i x sin �
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Figure 4. Geometry of the relative orbit in the RTN frame and ROE interpretation [35].

The perpendicularity condition described in Section 2 and
represented by (REQ.3) can be enforced by requiring the dot
product in Equation (7) to be always zero for all values ofuc.
It is easy to show that this leads to the following solution in
terms of ROE
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(9)

It can be shown that this solution is exactly equivalent to the
one provided in [30] de�ning an oscillation of the deputy
(STARI-1) in the T-N plane at a �xed along-track separation
from the chief (STARI-2), as illustrated in Figure 5.

Figure 5. STARI-1 motion relative to STARI-2, in the
origin of the RTN frame, and projections on the TN and RT

planes.

Note that this design is easily extensible to the full-
interferometry case with STARI-3 relative state obtained by

�ipping the sign of �� . Moreover, since the CubeSats are
designed to be identical, their role can be switched during the
mission to save on propellant, extend the mission duration, or
cooperate with contingency. This formulation, also provides
insightful physical interpretations. In fact, it can be observed
that on the manifold of valid solutions satisfying Equation (9)
the following condition on� 0 holds

tan � 0 =
�i y

�i x
(10)

meaning that the� 0 angle represents the phase of the relative
inclination vector. The solution space thus de�nes a family of
circles in the relative inclination space as shown in Figure 6,
with radius driven by the desired interferometric baseline and
the star elevation� , and phase driven by the star azimuth.

Figure 6. Family of circles in the relative inclination plane
on which observations are feasible.

Moreover, combining Equation (3) with Equation (9) it can
be easily shown that the baseline has the minimumBmin ,
mean �B and maximum value�Bmax with an amplitude of the

oscillation� B as reported in Table 2, withK =
a j�� j

2 jsin � j
.

Therefore to satisfy the50% baseline oscillation of (REQ.1)
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Bmin �B Bmax � B

a j�� j K (1 + jsin � j) 2K K (1 � j sin � j)

Table 2. Analytical expressions for baseline variation.

the following condition has to be satis�ed

Bmax

Bmin
=

1
jsin � j

< 1:5 (11)

which translate in requiring the elevation angle� > 41:81deg
as further discussed later in Section 4.

Under Keplerian dynamics, ROE are integral of motion [37],
however, when perturbations are considered the solution
found in Equation (9) becomes generally unstable due to
the effect of J2, drag and SRP. Stability can be partially
restored by canceling secular drifts effects leading only to
high frequency oscillations due to the osculating motion.
Periodically stable orbits with respect to J2 perturbation,
the most dominant effect affecting relative motion in LEO
[37], can be obtained by setting the x-component of the
relative inclination vector�i x = 0 . From the State Transition
Matrix (STM) describing the evolution of the mean relative
motion under J2 [38], another low frequency oscillation is
observed causing the relative eccentricity vector to slowly
precess. However, this effect is not relevant to the current
discussion because as shown in Equation (9) the relative
eccentricity vector is set to zero. This frozen condition
is thus achieved by enforcing in the proposed design the
azimuth angle� 0 = 90 deg corresponding to motion on the
y-axis in Figure 6. In this way, if the osculating oscillation
is small enough the equivalent delay line constraint (REQ.3)
would nominally be satis�ed inde�nitely without need for any
control action. An example of this is shown for the case of
�� = 100 m and� = 45 deg in Figure 7.

Figure 7. Equivalent delay line computed for �ve orbits
under J2 effect with�� = 100 m, � 0 = 90deg and

� = 45deg.

Uncertainties naturally break this paradigm leading to nec-
essary station keeping strategies that will be discussed in

Section 5, but as it will be shown later this approach allows
to minize propellant consumption and thrusters' activity.

Finally, an important aspect to be considered for formation
design is the concept of passive safety. This is de�ned as
the guaranty that safe separation is always maintained in
the radial/normal orbital directions, irrespective of failures of
control and/or estimation of the separation in the along-track
direction [39]. Passive safety is generally achieved [37] by
requiring the relative eccentricity/ relative inclination vectors
to be parallel or antiparallel leading to large separation in the
R-N plane that remains even under uncertainties in along-
track. The minimum separation in this plane, for nominally
zero relative semi-major axis, can indeed be expressed as

�r min
RN =

p
2a j� e � � i j

(�e2 + �i 2 + j� e + � i j � j � e � � i j)
1
2

(12)

From Equation (9) and Figure 5 it is clear that the science
relative orbit that is derived in this section is not passively
safe due to the null relative eccentricity vector leading to zero
separation in R-N. For this reason these science orbits are
kept only for the desired duration of the observation and then
alternated with a set of passively-safe standby orbits that can
be used for engineering tasks and mission replanning. For a
given minum desired separation in RN�r min

RN , these orbits are
characterized by� i k � e andmax (a�e; a�i ) � �r min

RN .

An example of a transfer to this safe regime is illustrated in
Figure 8 and will be discussed more in details in Section 5.

Figure 8. STARI-1 (black) motion relative to STARI-2
(red). Example of transfer from Science to Standby orbit,

and projections on the TN and RT planes.

4. OBSERVABILITY ANALYSIS

Though the relative orbit design ensures the capability of
achieving continuous perpendicularity of the linear formation
with respect to an inertial direction, several constraints on
the mission, spacecraft, and orbit are relevant for determining
which inertial directions can be reasonably observed and the
duty cycle at which they can be maintained. Particularly,
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these constraints stem from Sun lighting, Earth occlusion,
and relative orbit oscillation effects [30]. Several of these
constraints depend on the azimuth of the star over the orbit,� ,
which is dependent on the star coordinates, given by� and� ,
the drifting orbital RAAN,
( t), and �xed orbital inclination,
i . The expression relating these quantities is

cos(� ) = cos(i ) sin(� ) + cos(� ) sin(i ) sin(� � 
( t)) (13)

Observability Constraints

To elucidate the regions of space that can be observed by
the formation interferometer, the mission considers three
constraints of interest. The �rst is Sun exclusion (REQ.4),
which governs the maximum angle that the linear formation
can withstand with respect to oncoming sunlight without
damaging sensors or hindering the acquisition of scienti�c
imagery. If r sc=� represents the inertial position of the
spacecraft with respect to the Sun, then it must be ensured
for all time during observations that

r >
sc=� ŝ � cos(� � ;max ) () g� (�; �; 
( t); i; t ) � 0; (14)

where� � ;max denotes the maximum sun exclusion angle (see
Figure 10a) andg� (�) is a function that indicates whether
a given inertial direction satis�es sun exclusion under the
current absolute orbit.

In addition to Sun lighting, it is important to consider the
effect of the Earth occluding an inertial target of interest. Any
given target is occluded by the Earth for at most 50% of the
orbit. The duty cycleD% for which a given inertial target is
occluded by the Earth is given by

D%(�; �; 
( t); i ) = arccos
�

cos(� � )
sin(� )

�
�

100%
�

(15)

where � � � 90� is the Earth occlusion angle, i.e., the
maximum angle with respect to the radial direction for which
no occlusion occurs (see Figure 10b).

Finally, the maximum baseline oscillation requirement
(REQ.1) informs the minimum angle that an inertial pointing
vector can form against the normal orbit direction. This
constraint can be satis�ed so long as

� � � min () g� (�; �; 
( t); i ) � 0 (16)

for a given inertial target. Each of these constraints are
conceptualized in Figure 10.

Observability Regions

The intersection of these observability constraints form re-
gions on the celestial sphere for which inertial targets can be
observed. The observability of a given inertial target is given
as an effective duty cycle percentageD tot % in terms of these
constraints via

D tot %(�; �; 
( t); i; t ) = 1 g� � 0 � 1g� � 0 � D%: (17)

where1( �) is the indicator function which takes the value of 1
if the inequality is satis�ed (g( �) � 0) and zero otherwise.

In addition, the average duty cycleDav % for a given target
over a given time horizon is given by

Dav %(�; �; 
( t); i ) =
1

t f � t0

Z t f

t 0

D tot %dt: (18)

wheret0 andt f are initial and �nal times. These expressions
quantify the observability of a given inertial target for a given
absolute orbit and time of year under the linear formation
design.

Figure 9 displays the observability regions on the 3D celestial
sphere and their corresponding projections onto thef �; � g
plane for a mission concept starting in September with a
Local Time of the Ascending Node (LTAN) of 6:00 AM.

(a) Instantaneous Observability
Regions

(b) Instantaneous Observability
Regions with�i x = 0

(c) Year-long Observability Re-
gions

(d) Year-long Observability Re-
gions with�i x = 0

Figure 9. Viewing Regions of the linear formation
interferometer under observability constraints and different

time durations.

Subplots 9a and 9c correspond to no constraint on the relative
inclination vector, whereas subplots 9b and 9d enforce that
�i x = 0 , the condition that eliminatesJ2 effects on the
relative orbit. Subplots 9a and 9b show the instantaneous
observability regions colored byD tot %, i.e. the regions of the
celestial sphere that can be viewed at a given moment in time,
whereas subplots 9c and 9d show the observability regions
swept over the duration of a full year colored byDav %. In the
sun-synchronous terminator orbit, observability regions are
maximized since this corresponds to the condition in which
the intersection of the sun exclusion and� constraints are
maximized. Under these conditions, the linear formation
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interferometer can observe the regions of the celestial sphere
along the equatorial plane, with the polar regions of the celes-
tial sphere being inaccessible. Moreover, the axial precession
of the Earth with respect to the Sun induces degradation of the
observability regions, with these reductions at their greatest
severity during the solstices.

Evidently, the constraint on the the relative inclination vector
in subplot 9b leads to a decreased instantaneous observ-
ability region of the sky since this constraint imposes that
any inertial observation be made along the plane that is
perpendicular to the line of nodes of the absolute orbit and
intersects the Earth's center. However, over the duration
of a full interferometry mission, which would span years,
it is clear from subplot 9d that the global coverage under
the relative inclination vector constraint is equivalent to that
of the unconstrained version in subplot 9c as a result of
the precession of the absolute orbit over time. This means
that when�i x (t) = 0 is enforced, no global coverage is
lost, and the interferometry mission can achieve equivalent
scienti�c goals while eliminatingJ2 perturbations to the
relative orbit. The main effect of this constraint is that a given
inertial target has a much smaller time window over which
it can be observed, which adds additional considerations
for measurement scheduling. For low size, weight, and
power missions, where the magnitude of these perturbations
is highly undesirable from the perspective of station keeping
and satisfying science objectives, the fact that global coverage
is maintained is indeed an important result for LEO-based
interferometry.

Relative Orbital Elements Perspective

Relative orbital elements provide a unique perspective to the
observability analysis in comparison to relative cartesian co-
ordinates under the linear formation design strategy as a result
of the clean mapping between inertial targets and the relative
inclination vector. Any inertial target, with coordinates given
by � and� along with current absolute orbital elements
( t)
and i , can be mapped to a point in the relative inclination
plane with

�; �; a; 
( t); i ! �i x (t); �i y (t): (19)

An inertial target moves across the relative inclination plane
as a result of the precession of the absolute orbit. The times
at which these inertial targets cross the�i y axis correspond
to feasible measurement times under the constraint regarding
cancellation of theJ2 effect.

Figure 11 displays the observation of the celestial sphere from
the perspective of the relative inclination plane. As a result
of the orbital precession, inertial targets (stars) move from
right to left across the relative inclination plane, crossing
the �i y axis when
( t) = � . Moreover, the� constraint
maps cleanly to the relative inclination plane, as the constraint
simply becomesk� i k2 � �� cot(� min ), corresponding to the
circular region already illustrated in Figure 6.

5. CONOPS AND � V BUDGET

This section illustrates the Concept of Operations (ConOps)
for STARI over a mission duration of six months (REQ.5).
After release in the operative absolute orbit and commission-
ing of the main subsystems a relative standby orbit with R-N
separation�r min

RN = 50m is acquired. The �rst month is
used to perform a series of engineering tasks on the standby
orbit (SB), these include but are not limited to completing

the commissioning of payload, GNC, Attitude Determina-
tion and Control System (ADCS) and power generation[6].
Once all subsystems are operative and the batteries are fully
charged the scienti�c acquisition campaign can begin. One
observation per week is scheduled with a duration of two
orbits before returning to the standby con�guration. Every
month, the along track separation is progressively reduced
to span the baseline ranges speci�ed in (REQ.1) resulting
in �ve scienti�c relative orbits indicated as S# as shown in
Table 3. During the mission, the relative inclination vector
of the standby orbit is progressively decreased maintaining it
equal to the one of the science orbit for S1, S2 and S3 and
then kept to 50 m for S4 and S5. This leads to three distinct
standby orbits (SB1, SB2, SB3) and allows to save on� V
during the �rst half of the mission while still guaranteeing
the�r min

RN = 50 m requirement for the standby orbit.

Orbit a j�� j a j�ey j a j�i y j �B Bmax

m m m m m

SB1 500 50 100 - -

SB2 500 50 70 - -

SB3 500 50 50 - -

S1 100 0 100 120.71 141.42

S2 70 0 70 84.50 99.00

S3 50 0 50 60.35 70.71

S4 30 0 30 36.21 42.43

S5 10 0 10 12.07 14.14

Table 3. Summary of ROE for the Standby and Science
orbits. The ROE that are omitted are always zero.

For the scienti�c orbits explored in this paper, an observation
direction associated with a �xed value of� 0 = 90 deg and
� = 45 deg is considered. However, different solutions
can be explored with no loss of generality of the proposed
methodology.

The� V budget for the mission is computed as

� V = � VSK +� VT ra +� VAcq +� VCAM +� VEoL (20)

with � VSK = � VSK;SB + � VSK;S being the Station
Keeping (SK) cost on standby and science orbits,� VT ra the
transfer cost from and to the standby orbit,� Vacq the initial
acquisition cost,� VCAM a cost associated with Collision
Avoidance Maneuvers (CAM) for contingency scenarios, and
� VEoL the End-of-Life cost associated with the evaporation
of the formation. Under impulsive control, the adoption of
ROE for the problem formulation favors the use of analytical
lower bounds [40] for rapidly computing� V budgets. For
circular motion the instantaneous variation of ROE� � � due
to an impulsive maneuver�V = [� VR ; � VT ; � VN ]T can
indeed be expressed as

� � � = B (� c) �V (21)
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(a) Sun Exclusion Constraint (b) Earth Occlusion Effect (c) � Constraint

Figure 10. Observability Constraints.

(a) t0 (b) t0 + 2 months

(c) t0 + 4 months (d) t0 + 6 months

Figure 11. Relative Inclination Plane Perspective of Inertial
Targets (black dots) and Viewing Regions (colored by

D tot %).

with

B =
1

na

0

B
B
B
B
B
B
B
B
B
@

0 2 0

� 2 � 3 (uc � uk ) 0

sinuk 2 cosuk 0

� cosuk 2 sinuk 0

0 0 cosuk

0 0 sinuk

1

C
C
C
C
C
C
C
C
C
A

(22)

where � VR ; � VT ; � VN are the components of the�V
vector in the RTN frame,n = 0 :0011 rad/s is the orbital
mean motion, anduk is the mean longitude at the epoch of
the maneuver. Equation (22) clearly highlight the decou-
pling between in-plane and out-of-plane motion allowing to

compute maneuvers as a function of the desired changes in
the phase-space of ROE. If transfer time, associated with
� u = uc � uk , is not considered a tight constraint, the
relative eccentricity planef �ex ; �ey g becomes dominant with
respect to thef �a; �� g plane driving the cost of the in-
plane maneuvers. In this case, Equation (21) and (22) can
be inverted to obtain analytical expression of the� V lower
bounds as a function of the desired� � e and� � i as

� VT =
nac j� �e j

2
(23)

� VN = nac j� �i j (24)

with uk being the phase of the� � e and� � i vectors.

For � V computations, in this paper, only the differential
effects of J2 perturbation are considered and maneuvers are
assumed to occur on optimal locations on the orbits. Al-
though the formation �ies in a tidally locked con�guration,
a non-zero differential ballistic coef�cient to due to propel-
lant depletion or non symmetric attitude with respect to the
�ight direction, could cause a relevant effects. Moreover,
limitations due to maximum impulse bit together with time
constraints on transfer maneuvers could lead to gravitational
losses due to non-optimal maneuver locations. To account for
this effects, a conservative design margin of 100% is added on
top of the total� V computed in this section.

Station keeping

The J2 perturbation induces on the standby orbit a secular
precession on the relative eccentricity vector. Given an ini-
tial condition�ex (t0); �ey (t0), the mean relative eccentricity
vector evolves as

�ex (t) = cos ( _' J 2t)�ex (t0) � sin ( _' J 2t)�ey (t0) (25)
�ey (t) = sin ( _' J 2t)�ex (t0) + cos ( _' J 2t)�ey (t0) (26)

with the time derivative of the relative eccentricity vector
phase_' J 2 computed as

_' J 2 =
3
4

nR2
� J2

a2
c

�
5 cos2 i c � 1

�
(27)

In Equation (27) the termJ 2 = 1:08263e-3 is the second
order zonal harmonics coef�cient due to Earth's oblateness
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and R� = 6378 km is the Earth's radius. Assuming that
STARI remains on a standby orbit for seven days before
proceeding to the next science orbit, a precession of 24.56
deg is found. Witha j�e j = 50 m this requires a cor-
rection � �e = 21:28m. Using Equation (23), considering
four standby orbits per months and a mission duration of six
months leads to� VSK;SB = 235:6 mm/s.

The cost of station keeping on the science orbit is instead
driven by uncertainties and spacecraft separation. Thus a
more statistical characterization is needed. Since the am-
plitude of the osculating oscillation is in fact proportional
to a�� [41] the science orbit S1 is selected as a conservative
case. In the stable orbit con�guration,� 0 = 90 deg, the cost
will be dominated by errors in thef �a; �� g andf �ex ; �ey g
with � V computed inverting Equation (21) to compensate
for the desired misalignment. Two control boxes are de�ned
in these planes, as shown in Figure 12 and a correction
maneuver is triggered every time their boundaries are hit.

Figure 12. Illustration of the STARI SK strategy on the
science orbits. The motion occurs within the blue boxes and
a maneuver is triggered when their boundaries are reached.

For the purpose of the results shown in this section the
values used to de�ne these boxes are� �a lim = 0 :1 m,
� �� lim = 1 :4 m and� �e lim = 0 :3 m. Note that the most
stringent constraint comes on the relative semi-major axis
being the state associated with the unstable mode of the
dynamics [37]. Uncertainties on science orbit acquisition,
navigation and control are all assumed to be Gaussian with
the standard deviations reported in Table 4.

Source Uncertainty Notes

Orbit
Acquisition

5 cm (3� )
0:5 mm/s(3� )

Applied on position
and velocity in RTN
frame and mapped to

ROE

Navigation 1 cm (1� ) Applied directly on
the ROE state.

Control
5%(magnitude)

60arcsec
(misalignment)

Applied to each�V
using the Gates
model [cite].

Table 4. Uncertainty assumptions.

A Monte Carlo (MC) analysis, with 9300 samples extracted
from this uncertainty distribution, is performed to statistically
assess the cost of SK during science. Figure 13 and Figure 14
shows an example of comparison between controlled and
uncontrolled equivalent delay line that is achieved from one

instance of the MC.

Figure 13. Example of equivalent delay line controlled for
20 orbits under uncertainties. The control trajectory (black)
remains within the prescribed bounds of the delay line (red)

due to SK maneuvers (blue).

Figure 14. Example of equivalent delay line uncontrolled
for 10 orbits under uncertainties. The trajectory (black) exit
the prescribed bounds of the delay line (red) after less than

two orbits.

The red horizontal lines in the �gures indicate the constraint
imposed by (REQ.3), while the blue vertical lines indicate
the epochs at which maneuvers are performed. The control
scheme, combined with the relative orbit condition, results in
an ef�cient strategy to maintain valid observability conditions
for long durations with just few control impulses every few
orbits. The Probability Density Function (PDF) associated
with the distribution of duty cycles for the MC analysis is
shown in Figure 15 indicating that in more than90% of the
instancesD is kept below0:5 m for more than80% of the
time. The � V distribution is shown in Figure 16 with a
mean value� �V = 0 :75758mm/s and a standard deviation
� � V = 0 :52997mm/s. For the� V budget, a99% con�-
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dence level(3� ) is selected leading to a cost of2:35 mm/s
every ten orbits. In the current ConOps40 scienti�c orbits
are envisioned leading to� VSK;S = 9 :4 mm/s. Summing
this with the� VSK;SB a � VSK = 245 mm/s is obtained.

Figure 15. Duty cycle achieved in the MC analysis. This is
de�ned as the percentage of time for which (REQ.3) is

satis�ed.

Figure 16. � V distribution for the MC analysis.

Transfers, acquisition, contingency and end of life

The cost of transfers� VT ra is computed using Equations (23)
and Equation (24) in compliance with the mission ConOps
illustrated in Table 3. Table 5 summarizes all the transfer arcs,
the associated changes in ROE, the tangential and normal
components of the impulsive maneuvers and the number of
times that the transfer is performed.

Note that, each transfer arc corresponds in general to multiple
maneuvers and the values reported in the table are just the
total � V . For example, the transfer SB-S2, that entails both
an in-plane recon�guration and an out-plane recon�guration
requires at least three maneuvers, as illustrated in Figure 17,

with

� VT 1 = � � VT 2 =
nac j� �e j

4
(28)

� VN = nac j� �i j (29)

s

Figure 17. Example of transfer arc SB-S2 in ROE space.
Red lines indicate the maneuvers and blue lines natural drift.

Note that, to be precise, an additional maneuver may be nec-
essary to close any remaining gap on� �� but as previously
mentioned, a 50% margin is added on the� V budget to take
into account for this.

Table 5 shows that the cost of transfers from science to the
standby orbit requires only in-plane maneuvers for S1, S2 and
S3, due to the progressive reduction of the relative inclination
vector in the standby orbit discussed at the beginning of
this section. On the contrary, returning to standby from
S4 and S5 requires a signi�cantly larger cost to restore
minimum spacecraft separation. The overall cost of transfer
maneuvers, after the application of margins, is thus given by
� VT ra = 2083 mm/s. A graphical visualization of the full
ConOps is shown in Figure 18.

As mentioned in Section 3 the scienti�c orbit does not allow
to enforce passive safety. A reactive safety approach based
on collision avoidance maneuvers has to be considered. This
strategy should come into place when the uncertainties or
the orbit acquisition errors results too high to be compen-
sated by the SK approach presented here. In this case, a
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Transfer a j� �e j a j� �i j � VT � VN jj �V jj Number

m m mm/s mm/s mm/s -

SB1-S1 50 0 27.67 0 27.67 4

S1-SB1 50 0 27.67 0 27.67 4

SB1-S2 50 30 27.67 33.20 43.22 1

S2-SB2 50 0 27.67 0 27.67 4

SB2-S2 50 0 27.67 0 27.67 3

SB2-S3 50 20 27.67 22.14 35.44 1

S3-SB3 50 0 27.67 0 27.67 4

SB3-S3 50 0 27.67 0 27.67 3

SB3-S4 50 20 27.67 22.14 35.44 4

S4-SB3 50 20 27.67 22.14 35.44 4

SB3-S5 50 40 27.67 44.27 52.21 4

S5-SB3 50 40 27.67 44.27 52.21 4

Total - - - - 1388.6 -

Table 5. Main contribution to the� V computation associated with transfer maneuvers with the associated ROE variation.

Figure 18. STARI-1 (black) motion relative to STARI-2
(red). This is the full ConOps for the duration of �ve months
after the acquisition of the initial standby orbit. Projections
on the RT, RN and NT plane are shown in blue. SB1, SB2
and SB3, together with S1, S2, S3, S4 and S5 are clearly

visible in the TN projection.

large maneuver has to be applied to restore the spacecraft
separation as soon as possible. For the purpose of this
analysis the cost of this CAM maneuver is considered to
be equal to the transfer cost from S5 to SB3, reported in
Table 5. Allowing for one contingency scenario for each
baseline range �ve CAM maneuvers are considered, leading
to a� VCAM = 261:05mm/s.

Two additional contributions have to be included in the
� V budget: the cost of initial orbit acquisition and the
cost associated with end-of-life. The former is computed
again as the cost associated with the S5-SB3 transfer,

� Vacq = 52:21mm/s, while� VEoL is computed as the cost
necessary to induce a 5 m difference in the semi-major
axis. This would cause a rapid evaporation of the formation
reducing the probability of collision. From Equation (21) and
Equation (22) it can be seen that this contribution is computed
as

� VT =
na j� �a j

2
= 2 :767mm/s (30)

Table 6 summarizes all the� V contributions discussed in
this section. After applying the100% margin previously
discussed this allows to estimate a total� V budget for
STARI equal to about5:3 m/s.

� VSK � VT ra � VCAM � VAcq � VEoL � Vtot

mm/s mm/s mm/s mm/s mm/s m/s

245.00 2083 261.05 52.21 2.7670 2.644

Table 6. � V computation associated with transfer
maneuvers with the associated ROE variation.

This result appears to be one of order of magnitude lower
that the cost associated with previous studies [30] showing
the effectiveness of the proposed approach. Note also that
this analysis is considering only one spacecraft, the deputy,
to always maneuver all the time. However, the two spacecraft
are identical and they could switch roles helping redistribut-
ing the propellant consumption and reducing the effect of
differential drag.

6. CONCLUSION

This paper describes a novel trajectory design approach for
space-based interferometric missions in LEO. The approach
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is applied to the STARI mission, a two CubeSat technology
demonstrator intended to simulate one arm of an interferome-
ter, but can be easily generalized to a three spacecraft swarm.
The proposed orbit design aims at achieving an oscillatory
motion in the neighborhood of a frozen relative orbit to
ensure long dwell-times at low� V expenditure. The intrinsic
unsafeness of the proposed scienti�c orbit is compensated
with a twofold strategy. Passive safety is restored in-between
observations transferring the deputy on a standby orbit with
large along-radial-and-cross track separation. In this con�g-
uration the spacecraft can perform engineering tasks, data
downlink and mission replanning. Active safety is envisioned
during science to trigger collision avoidance maneuvers upon
detection of collision risk. The formulation based on relative
orbital elements provides valuable geometrical interpretabil-
ity to the relative motion and to the distributed telescope
inertial pointing. A simple mapping is found between the ob-
servation direction and the relative inclination plane allowing
to easily identify the required relative spacecraft state given a
target star. The use of a terminator sun-synchronous orbit
allows to naturally drift the observation direction without
changing the relative con�guration while at the same time
ensuring constant illumination conditions.

Moreover, the use of ROE enables a systematic framework to
preliminary compute impulse maneuvers and� V budget for
all mission phases. A risk-averse ConOps is conceived to pro-
gressively decrease the spacecraft separation spanning across
multiple telescope baselines during the mission lifetime. A
� V budget is computed considering station keeping under
uncertainties, orbit transfers, orbit acquisition, contingency
and end-of-life maneuvers. Results are very promising out-
performing previous mission designs in terms of costs while
satisfying all the scienti�c and engineering requirements. The
mission cost clearly depends on the selected ConOps but the
approach presented here holds general validity paving the
way for accessible and systematic exoplanets detection via
space-based interferometry in LEO.
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